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ABSTRACT

This paper presents an overview and analysis of the various aspects of hypersonic ground testing. For this,
first the simulation requirements according to the different flow regimes of hypersonics flight are briefly
described. Based hereon the methodologies of hypersonic ground testing are reviewed and the limitations of
applicability are discussed. The characteristics and capabilities of the different hypersonic wind tunnels which
facilitate hypersonic ground testing are discussed. The capabilities and limitations of these facilities are
guantitatively assessed in regards to the simulation of relevant flight conditions. In addition, further limitations
of the ground test facilities, such as test time and test model size, are assessed for reflected shock tunnels and
expansion tunnels. Additionally, the often unavoidable problem of producing thermochemically excited test
flows in high enthalpy facilities with stagnated flow in the nozzle reservoir are reviewed. The trend is that each
type of hypersonic facility has its own unique advantages and disadvantages. So, success in experimental
hypersonics would result from testing in a variety of different facilities in order to benefit from the advantages
of each facility. Testing in shock tubes i.e. behind the incident shock wave is not considered in this paper since
this type of experiments is mostly suitable for fundamental shock relaxation studies and not for detailed wind
tunnel model testing.

1.0 INTRODUCTION

Research in the field of hypersonics is crucial for both national defence and space exploration purposes.
Experimental hypersonics encompasses a significant portion of hypersonics research involving blunt bodies,
slender bodies and propulsion systems. Experimental data is important for the validation of numerical codes,
numerical simulation of the flowfield around flight vehicles and investigation of fundamental flow physics.
Specific ground testing methodologies and facilities have been developed explicitly for hypersonic flows. The
ground testing methodologies allow experimental data of subscale test models to be related to fight conditions.
Due to driving power requirements and other constraints most of the hypersonic ground testing facilities are
of intermittent or impulsive type, which therefore represents the biggest part of this paper.

The first period of hypersonic ground testing activity began in the late 1950s and continued through the 1960s,
arising from the many hypersonic flight design projects and the feeling that theoretical knowledge of
hypersonic flows was undeveloped [1]. During this period, numerous facilities were developed which
generated hypersonic flows by reducing the temperature of the test gas through expansion to as low as possible
while adding as little energy as possible to the test gas to increase its velocity. These are called ‘cold’ facilities
and they allow for the simulation of high Mach numbers but not high velocities. At the same time, ‘hot’
facilities which produced hypersonic flows by expansion of high temperature gas in a reservoir were
introduced and these facilities allow for the simulation of high velocities. A second period of intense activity
began in the mid-1980s and continued into the 1990s during which the National Aerospace Plane project in
the USA, the ‘HOPE’ re-entry glider project from Japan and the ‘Hermes’ re-entry glider project from Europe
were active. It was during this period that the free-piston driver technique was successfully applied which,
along with the detonation driver technique, unlocked previously unattainable performance envelops for ground
test facilities.
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In this paper, the characteristics, capabilities and limitations of different hypersonic test facilities and driver
techniques are discussed. The capabilities and limitations of these facilities are quantitatively assessed in
regards to the simulation of relevant flight vehicles. In addition, further limitations of the ground test facilities,
such as test time and test model size, are assessed for reflected shock tunnels and expansion tunnels which are
currently the two most important facility types for high enthalpy hypersonics research. Additionally, the often
unavoidable problem of producing thermochemically excited test flows in high enthalpy facilities with
stagnated nozzle reservoir flow is reviewed.

2.0 GROUND SIMULATION METHODOLOGY

While ground test facilities are often used to study the flow past generic models such as cylinders, spheres and
wedges for fundamental investigation of specific phenomena, a significant portion of experimental work in
hypersonics involves reproducing flows past actual aircrafts and spacecrafts for engineering purposes.
However, ground test facilities generally cannot test a full scale flight vehicle over a complete range of flight
conditions. Consequently, it is necessary to discuss the methodologies to simulate hypersonic flows over flight
vehicles using ground test facilities.

2.1 Aerodynamic flow fields

2.1.1 Low enthalpy flows

Hornung in 1988 [2] reported a good strategy for subscale simulation of hypersonic aerodynamic flow fields.
The lowest speeds at which chemical reactions become an important part of the flow field are about 2 km/s in
blunt body air flows at sea level conditions. This corresponds to a stagnation temperature of about 2000 K.
According to Figure 1, at speeds below 2 km/s, the perfect gas model applies for air as the isentropic exponent,
Y, is either constant or varies only with temperature due to vibrational excitation. In this case any dimensionless
guantity, Q, will depend on the dimensionless parameters of the flow. This means that duplication of all the
dimensionless parameters of the flow ensures the duplication of the dimensionless quantity being investigated
in some subscale model in a wind tunnel. In the case where the gas used is the same between flight and
experiment, the model is scaled exactly with the flight vehicle and the model and flight vehicle are orientated
in the same way relative to the flow [2],

Q = (M., Re.%,Fq) (1)

where M, is the Mach number, Re is the Reynolds number, Tw/To is the wall temperature to total temperature
ratio and Fq is a set of dimensionless parameters defining the flow quality in the wind tunnel. This is called
the Mach-Reynolds-Simulation.

The importance of simulating M.., Re and Tw/To is clear when observing, exemplarily, the rearranged flat plate
laminar boundary layer thickness equation given by Ginoux [4]

) c* 0.58(y—1 1.93T,

= 3.07 + — Mg
Reoo,x( + 2 + T

where 0 is the boundary layer thickness, x is the distance downstream of the leading edge, Re« is the Reynolds
number at the location x, C* is the Chapman-Rubesin factor evaluated at the reference temperature, M., is the
freestream Mach number and T. is the freestream temperature. From equation 2, M., and the Tw/T. ratio,
which is matched when M. and Tw/To in equation 1 are matched under perfect gas conditions, are particularly
important parameters for simulating the boundary layer thickness, while the Reynolds number also needs to
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be simulated. For typical hypersonic flight vehicles (altitude = 35 km, M. = 6, T, = 237 K, recovery
temperature, Tr = 1670 K), Tw/T has a value of around 4 - 5. In cold hypersonic facilities where T.. can be
around 60 — 80 K, using room temperature test models conveniently preserves the Tw/T. ratio. However, in
situations where wind tunnels are used to generate higher stagnation temperatures, e.g. in order to duplicate
the total enthalpy and therewith the real flight velocity or real gas effects, which may influence viscous effects
such as transition [5], heated test models must be used in order to preserve Tw/T., [6]. Consider a flat plate in
a typical short duration wind tunnel flow with M. = 6, Teow = 237 K and Tww = 300 K i.e. (Tw/Tw)w = 1.3,
and a flat plate in flight with the same M. and T.. i.e. same recovery temperature, but a wall temperature of
Twn =1185 K i.e. (Tw/Tx)n = 5. Further it is assumed that the Reynolds number for flight and wind tunnel are
the same which is a requirement of equation 1. Then for the considered case from equation 2, it follows,

®,

where subscripts wt and fl denote wind tunnel and flight respectively, resulting in large differences in the
boundary layer thickness at any given point behind the leading edge if the wall to freestream temperature ratio
is not preserved. Hence, for these cases heated models must be used for simulating wall temperature effects in
the laboratory. It has been shown that the wall temperature ratio strongly influences the size of separation
bubbles [6]. It further influences the transition behaviour of boundary layers. Additionally, the heated model
technique is also useful on blunt bodies in order to study ablation-radiation coupling as pioneered by Zander
etal. [7].
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Figure 1: Variation of the isentropic exponent, y, of air with temperature and pressure. [3]

On the other hand, the skin friction coefficient,

G =—=VC" 4)

and the Stanton number,

ver )
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have lower dependencies on M., and Tw/T. within a Mach number range that is not too large, as shown by
equations 4 and 5 for a laminar boundary layer and illustrated in Figure 2. Hence more leniency on abiding by
equation 1 may be given to the simulation of the skin friction coefficient and the Stanton number which
depends strongly on the geometry instead. Furthermore, included in Fq in equation 1 are parameters related to
the freestream noise level, freestream turbulence level and the surface roughness. These parameters are
important for studies such as boundary layer transition. Current difficulties include defining the freestream
noise and turbulence levels in high enthalpy facilities and, to a lesser extent, scaling the surface roughness in
subscale test models so as to prevent artificial boundary layer transition or enhanced heating rates due to
surface roughness. In practice, since the surface roughness needs to be scaled with the model geometry, a
surface roughness of the order of 0.01 mm or even less is often required on the experimental test model, which

is not always easy to obtain.

o Re,

Cu/Re,

Insulated plate —

Figure 2: Flat plate skin friction coefficient, top, and Stanton numbers, bottom, for compressible
laminar boundary layers. [8]

Another phenomenon of interest in hypersonic flows is the entropy layer. Correct simulation of the entropy
layer is important as it can influence the heat flux distribution, skin friction, separation behaviour and boundary
layer transition. For calorically perfect air at hypersonic conditions, the entropy change, As, across a normal
shock can be written as,

As =R=1In(2.78 x 1073 « M3) (6)

where R is the specific gas constant of air. The equation above shows that the entropy layer is strongly
dependent on the Mach number. Hence, the duplication of the Mach number is important for the duplication
of the entropy layer. The duplication of the Mach number is also important for the duplication of the laminar
viscous interaction. The laminar viscous interaction parameter, j, is given by,

M3 —
o .
X ,/Reoo,x 0
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where C,, is the Chapman-Rubesin factor. The above equation shows that the Mach number has a strong
influence on the viscous interaction while the Reynolds number and the wall temperature, which influences
the value of C.,, have weaker influence on the viscous interaction.

2.1.2  High enthalpy flows

For high enthalpy flows in principle the same requirements hold as those formulated in the previous subchapter
for the low enthalpy flow regime. But at speeds greater than 2 km/s or about 2000 K total temperature in blunt
body air flows, additional real-gas effects become important as shown in Figure 1 where y varies with both
temperature and pressure due to chemical reactions. A portion of hypersonic flows involves situations where
dissociation reactions are dominant. In these situations, preserving the binary scaling product, p.L where p, IS
the freestream density and L is the characteristic length, preserves the normalized distribution of the chemical
composition behind a shock wave. This law was first mentioned by Birkhoff in 1955 [9]. From Anderson [8],
the binary scaling law can be derived as follows: for simplicity consider a two-dimensional flow where the
dominant chemical reaction is the oxygen dissociation reaction, O, + M — 20 + M where M is the collision
partner, the species continuity equation for atomic oxygen can be written as,

dcg dco\ Mo (pCo,\ (PCu
To) v (T2) = =2k (S0 ) (B) 8
u(dx)+v(dy> p f<M02 My ®
where co and Coz is the mass fraction of O and O respectively, u and v is the flow velocity in the x and y
directions respectively, Mo, Moz and M is the molar mass of O, Oz and M respectively, p is the flow density
and ks is the forward reaction rate constant which is a function of temperature as described by the Arrhenius
equation. Defining the nondimensional variables X' = x/L, y' = y/L, U’ = u/Ux, V' = V/U, and p' = p/p. Where

U.. and p. is the velocity and density of the freestream respectively and L is a characteristic length, equation 8
can be written as,

, (dco , (dco Ki(posl) ,
v (o) v (GF) =~ coscm ©)
where
K, =10
1= MOZMM f (10)

Equation 9 shows that for two flows with the same freestream velocity and temperature, resulting in the same
K1, the mass fraction distribution along the normalized directions x' and y" will be identical between the two
flows if the product p..L is preserved. This is the statement of binary scaling and this is illustrated qualitatively
in Figure 3. Also, from Hornung [2], for an ideal chemically reacting gas, the rate of dissociation Rp is,

D
Rp =pTle *T(1 —a) (11)
and the rate of recombination Rg is,
ZTnaZ
Rg =2 (12)
Pa

where p is the gas density, o is the mass fraction of the dissociated gas, T is the temperature, k is Boltzmann's
constant, n is a dimensionless constant and pq is the characteristic density of dissociation. From the above
equations, the dissociation rate, which is a two body reaction, can be rewritten as,
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da dcg dco dco
= —= —_— —_— 1
Ro == @ u(dx)+v(dy) (13)

for steady flows. Then,

dco dco (pool) , . -D
— 1! ’ — T T _ 14
Rp =u (dx’) +v (dy’) p'The kT (1 —cp) (14)

Us
where 1 - Co = Co2. This is the same statement as given by equation 9. Accordingly, for the recombination
reaction the scaling factor is p..°L. It is interesting to note that de Crombrugghe et al. [10] made the discovery
that the binary scaling law is not only applicable for preserving the nonequilibrium behaviour in shock layers
but also maintain the same diffusion processes in binary scaled chemically reacting boundary layers, resulting
in further applications in subsonic high enthalpy wind tunnels such as plasma tunnels.

The simulation strategy given by Hornung [2] for chemically reacting blunt body flows considering only
dissociation reactions is therefore as follows,

Q= Q(Uoo: Poly aoo,%v) (15)

where o is the mass fraction of dissociated gas in the freestream. For strong bow shocks, the Mach number is
omitted from the above equation due to the Mach number independence principle. Reynolds number is omitted
because the post-shock Reynolds number is automatically satisfied when U., and p..L, is matched since the
freestream static temperature has only a small influence on the post-shock temperature of a bow shock which
is mainly influenced by U., [11]. Consequently, duplication of the parameters in equation 15 gives a simulation
of the temperature field, viscosity, Prandtl number and the specific heat ratio in the flowfield after a bow shock,
between experiment and flight. However, for more slender bodies where Mach number and real-gas effects
are important the Mach number has also to be matched, which for static temperatures less than 2000 K
subsequently results in a duplication of the freestream static temperature T.. and freestream Reynolds number
[12].

It is important to note that some important portions of hypersonic blunt body flows cannot be described by the
binary scaling law which is derived based on the assumption of no radiation coupling and purely binary
reactions. From de Crombrugghe et al. [13] [14], when binary scaling is applied, the impact of non-binary
chemistry causes the shock layer in the subscale test model to be hotter and less dissociated than in flight,
while the strength of radiation coupling increases with the length-scale of the flow resulting in the subscale
flow having less radiation coupling than in flight which subsequently leads to the laboratory shock layer
containing a greater enthalpy than the shock layer in flight. Furthermore, it should be noted that the duplication
of the freestream dissociation level a.. in equation 15 is very difficult because the production of high enthalpy
flows in the wind tunnels often requires heating the test gas to temperatures high enough to cause significant
thermochemical excitation which normally does not relax to equilibrium at the test section. In flight, the
freestream dissociation level is practically zero which is not the case for high enthalpy wind tunnels. A finite
freestream dissociation level leads to a reduced density jump across a shock resulting in a larger shock stand-
off distance [15]. Also, Fq from equation 1 is omitted in equation 15 because the flow quality that can be
achieved in current real gas simulation facilities is only very low [2]. Consequently, these facilities are only
used for investigations of effects that are less subtle than those that depend sensitively on Fqg. Unfortunately,
there are actually a number of important effects which do depend sensitively on Fq [2]. So, Lawson and Austin
are currently investigating new ways to generate low-disturbance, high-enthalpy test flows [16]. It has to be
mentioned that the flow quality in high enthalpy facilities strongly depends on the test condition. A good flow
quality can be achieved, for example, in shock tunnels at low unit Reynolds numbers even at high enthalpies
as it is proven by numerous heat flux measurements.
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Figure 3: Description of binary scaling from Anderson. [8]

2.2 Airbreathing Propulsion testing

In hypersonics scramjets are of main interest as airbreathing propulsion systems. Therefore, the following
considerations are focused on scramjet testing. Scramjet propulsion becomes of interest at speeds greater than
1.5 km/s. At these speeds and higher, there is a strong coupling between the external vehicle flowfield and the
internal flow of the engine. Therefore, and due to other reasons, scramjet testing requires a sophisticated ground
testing methodology.

From Stalker [1], ground simulation of scramjets involves producing the conditions which will allow the
combustion process to reach the same degree of completion as in the equivalent flight configuration. One of
the most popular scaling laws for scramjets is the pL-scaling, which was first stated by Stewart [17], where p
is the static pressure and L is the characteristic length. The pL-scaling law states that, given that fuel
distribution and heat transfer similarity is achieved in the scramjet, the scramjet combustor performance would
scale with the factor pL [18]. So, if the inlet static temperature, inlet flow velocity and fuel-air mixture fractions
(equivalence ratio), and hence the Mach number, ratio of specific heats and total enthalpy, are reproduced in
the subscale test, duplicating the pL factor between experiment and flight, which also duplicates the Reynolds
number, would result in a representative simulation of the flight scramjet [19].

An experimental investigation carried out by Pulsonetti and Stalker [18] into the validity of the pL-scaling law
showed that the ignition time, generally defined as the time for the temperature rise to reach 5 % of the
complete reaction temperature rise for a given temperature is proportional to one over pressure. The pL-scaling
law is physically consistent because the ignition reaction which produces the free radicals responsible for
initiating the reaction system is a two body reaction. They also mentioned that the wall boundary layer and
viscous effects on the inside surface of the scramjet duct also scales with the pL law because for fixed Mach
number and wall temperature ratio the boundary layer thickness, the displacement thickness and the
momentum thickness are functions of the Reynolds number, for turbulent boundary layers. Pulsonetti and
Stalker also showed that the pL-scaling law works for scaling the mixing efficiency, which measures the
completeness of mixing, and other mixing effects for normal or tangential fuel injections. The scaling of the
heat transfer, in terms of Stanton number, was shown to obey the pressure length scaling reasonably well as
long as the boundary layer for the wind tunnel model or the flight vehicle does not become transitional [20].
Furthermore, as long as the scaled pressure distribution in the combustion duct and consequently in the
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expansion nozzle is duplicated, which is achieved well in most cases by the pL scaling law [21], pL scaling
preserves the thrust coefficient between scramjets of different scale. This can be shown as follows; given that
the pressure distribution in the scramjet nozzle, which depends on the location x and y, is,

Pn =f(xY) (16)
and the thrust coefficient is defined as,

2T 2T

C, = ~ £(M.,) 17
© = ApaUZ - Apow (17

where 7 is the thrust, A; is a reference area and po. is the total pressure. The thrust for scramjet 2, which is a
scaled model of scramjet 1, can be expressed as,

Ly
T = jP1L_2dA2 (18)

where A is the internal local flow cross-sectional area and L is the characteristic length of the scramjets. Since,

2

L
dA, = (—2) dA, (19)
Ly
equation 18 becomes,
Ly
TzL_ = fp1dA1 =T (20)
2

Using equation 17, for same Mach numbers this equation becomes,

Ly
C72Ai2P0,2 L_2 = (71Ai1Po1 (21)

which can be simplified to,

Cz2P02L2 = CrqPoals (22)
Since,

1\
Po _ (1 LJr-- Mz)V (23)
D 2

and in case both Mach number and y are maintained between the two scramjet flows, equation 22 demonstrates
that preserving the pL product preserves the thrust coefficient of the scramjets given that the scaled pressure
distributions are duplicated.

Nevertheless, there are limitations to the pL-scaling law. The pL-scaling law is valid for scaling the combustion
reaction time if the process is dominated by binary reactions. However, if three body reactions are significant
and the combustion occurs under chemical nonequilibrium, which is not uncommon in subscale scramjets as
shown by Karl et al. [19], the pL-scaling law would not hold. Karl et al. [19] showed that in small subscale
scramijet testing at subsequently high static pressures, maintaining the pL factor, which consequently preserved
the Reynolds number, often did not preserve the chemistry (Damkdéhler’s first number) which scaled better
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with p*’L. Consequently, in these cases it would be impossible to duplicate both the Reynolds number and the
chemical time scales simultaneously As demonstrated by Pulsonetti and Stalker [18], a consequence of
incorrectly simulating the nonequilibrium combustion chemistry could be that the final pressure achieved in
the scramjet prior to the nozzle expansion is scaled incorrectly which would then influence the thrust produced.
Furthermore, the pL-scaling law does not preserve the equilibrium composition. Therefore, under chemical
equilibrium conditions, the static pressure changes would impact the amount of heat released due to
combustion since more molecular species would form at high pressures which would result in larger energy
releases [18]. Nevertheless, while the pL-scaling law may not work so well in certain cases, it is still regarded
as a good first order approximation for scaling scramjet performances in most cases because the law provides
a relation for predicting the fundamental phenomena occurring in a scramjet combustor [18] [22] [21].
Consequently, Karl et al. [19] mentioned the importance of the use of CFD tools to relate data from pL scaled
scramjet experiments to flight scale scramjets.

3.0 TYPES OF HYPERSONIC GROUND TEST FACILITIES

To carry out hypersonic ground test experiments, a variety of different facilities exist. The facilities have
different characteristics as shown in Figures 4 and 5 as well as in Table 1. Shock tunnels and expansion tunnels
can generate conditions with very high velocities, but these facilities have very short test times. For example,
the test time of expansion tubes in Table 1 are in the order of tens of microseconds. On the other hand,
blowdown tunnels, Ludwieg tubes, hotshots and gun tunnels have long test times but are limited to producing
low velocity conditions. The test times of gun tunnels and hotshots in Table 1 are in the order of tens of
milliseconds, while the test times of blowdown tunnels are in the order of a few seconds, but within this group
only hotshots can generate total temperatures of up to 6000 K. Reflected shock tunnels, generally with test
times in the order of a few milliseconds, have medium duration test times and medium performance capabilities
compared to the other facilities. The biggest hypersonic wind tunnel currently in operation is the JF12 reflected
shock tunnel which has a test section diameter of 2.5 m [23]. The LENS XX expansion tunnel comes close
with a test section diameter of 2.4 m [24]. Though, it should be noted that, in general, the test section size of
expansion tunnels is much smaller than that of the LENS XX. It has also to be noted that, the test section size
is not necessarily a measure of the reasonable model size. This topic is discussed in detail in section 4.2.1.

Nevertheless, it is not always desirable to test in facilities as big as possible. The advantage of having smaller
facilities is the economy of operation and cost. It is also not always necessary to produce very high velocity
conditions, for example in scramjet testing. Similarly, long test times may not be necessary for the study of
thermochemical kinetics. Thus, different facilities are suited for different objectives. The characteristics of
some of the popular facility types will be covered in this section.
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Table 1: Characteristics of existing hypersonic test facilities.

PO,max,

Typical test

Test section

Facility type Facilities MPa Tomax, K time, s diameter, m Source
AEDCBTunneI 6.2 750 i 197 [25]
Continuous
AEDCCT””“E' 14 1200 - 1.27 [25]
AEDCQT”““e' 145 1600  0.23s-15s 15 [26]
Blowdown H2K 45 1100 Upto30s 06 [27]
S4 Modane 15 1800 25-90's 07-10 [28]
Longshot, VKI 400 2500 20 ms 0.36 - 0.60 [29]
Cranfield 10 1290 80 ms 0.2 [30]
Gun tunnels University
HS1 60 1150 20 ms 0.6 [30]
Oxford
University 9 1000 30 ms 0.21 [30] [31]
Hotshot ONERA F4 76 6000 20 m; . 100 0.43-0.92 [32] [33]
TH2 63 7400  2ms— 10 ms 0.586 [34]
JF12 35 o500 100 mnfs‘ 150 15-25 [23]
T4 90 7540  05ms—5ms  0.135-0.375 [35[]37[?6]
Reflected shock T5 85 10000 1ms—2ms 0.3 [35] [38]
tunnel HEG 90 9900 1ms—6ms 0.43-0.88 [35]
HIEST 150 10000 Morﬂga” 2 08-1.2 [39]
FD-21 - 10000 - 12-2 [40] [41]
LENS | 200 7000 2ms—18ms 05-1.2 [42[1513]
MHEXT 14 2000 290 “‘L N 1000 0.14 [45]
Stanford 33 a18g  L/0Hs—400 0.089 [46]
University ks
HET 53 sa00 0 “i; 150 0.15 [47]
Expansion tunnel
X2 19700 37000 0 ”ig 200 0.2 [22] [48]
X3 27500 18200 39 “ig 1300 0.44 - 0.57 [49] [50]
LENS XX 0612 200 s —8000 0.6-2.4 [24]
km/s ]

3.1 Low Enthalpy Facilities

Under low enthalpy hypersonic conditions, approximately less than 2 MJ/kg, the gas behaves like a perfect
gas and the Mach-Reynolds-Simulation is valid. For investigating low enthalpy conditions, blowdown tunnels
and gun tunnels are suitable facilities.

A schematic of a conventional blowdown tunnel is shown in Figure 6. The flow condition at the test section
depends on the pressure and temperature of the test gas in the plenum. Initially during the operation of a
blowdown tunnel, the nozzle and test section are evacuated to low pressures and isolated from the plenum.

STO-EN-AVT-325 1-11



Sal

Operation, Capabilities and Limitations of Existing Hypersonic Facilities organization

Gas from the high-pressure tank is used to pressurize the plenum. In the AEDC tunnel 9 blowdown facility,
heaters are used to heat the fixed volume of pressurized test gas in the plenum to a particular pressure and
temperature to create hypersonic conditions at the test section [26]. Once the gas in the plenum reaches the
desired pressure and temperature, the diaphragm will rupture. The high pressure and temperature test gas will
then expand through the nozzle resulting in a limited duration of hypersonic flow. As the high temperature and
high pressure test gas leaves the plenum, high pressure gas from the high-pressure tank enters the plenum from
the upstream end. This process is organized such that the cold gas from the high-pressure tank pushes the
heated test gas downstream like a piston to maintain a constant nozzle inlet condition. Instead of a diaphragm,
other facilities like H2K use a valve in front of the plenum chamber to connect the wind tunnel with the high-
pressure reservoir and electric heaters placed upstream of the settling chamber and the valve [27].

A different form of a blowdown tunnel is the Ludwieg tube, shown in Figure 7, where upstream of the nozzle
is a long tube containing high pressure test gas which is sometimes also heated. Once the diaphragm or valve
separating the nozzle and high pressure tube opens and the test begins, an unsteady expansion forms. A large
part of the expansion wave propagates upstream through the high pressure tube, reflecting off the end wall and
back to the nozzle entrance. Once the first reflected expansion wave arrives back to the nozzle entrance, the
test is terminated. During the upstream and downstream movement of the expansion wave, the conditions in
the nozzle reservoir are at least theoretically constant which is an advantage of Ludwieg tubes. Generally, for
blowdown facilities especially the reservoir pressure is not constant with time because of the constant volume
of high-pressure reservoir. This leads to the fact that for constant volume reservoirs, the Reynolds number
decreases during the measuring time.
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Figure 6: Schematic diagram of a blowdown wind tunnel like the AEDC Tunnel 9.
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Figure 7: Schematic diagram of a Ludwieg tube. [52]

Another form of a blowdown tunnel are hotshots, where upstream of the nozzle is an arc chamber. The arc
chamber is filled with the test gas. The test gas is then heated by an electric arc, creating a high pressure and
high temperature reservoir for the nozzle inlet.
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Figure 8: Schematic diagram of a gun tunnel. [30]

Another way to create high pressure and high temperature nozzle inlet reservoirs is to compress the test gas
using a light free piston. Facilities operating in this way are known as gun tunnels, shown in Figure 8. To
operate the gun tunnel, the driver section is pressurized and the barrel section is filled with the test gas. Once
the primary diaphragm ruptures, the piston is pushed downstream through the barrel by the high pressure driver
gas and compresses the test gas. A shock wave forms in front of the piston and propagates down the barrel at
a higher velocity than the piston. The shock wave will reflect off of the end of the barrel and the secondary
diaphragm will rupture. The shock wave will reflect between the upstream face of the piston and the end of
the barrel multiple times as the piston travels downstream. As the piston travels downstream, it will decelerate
as the test gas pressure increases. Eventually the piston will stop and a peak in test gas pressure in the barrel
will be reached. In the case of the Longshot gun tunnel, as the peak pressure is reached, a system of valves at
the downstream end of the barrel closes, trapping a high pressure and high temperature reservoir for the nozzle
inlet [53]. In this case, the fixed volume reservoir will not be influenced by the motion of the piston as it
rebounds upstream and this prolongs the test time.

3.2  High Enthalpy Facilities

Under high enthalpy conditions where the velocity is around 2 — 7 km/s, real-gas effects such as vibrational
excitation and chemical reactions like dissociation and recombination occur behind strong shocks created by
blunt bodies. For these kinds of blunt body flows, the Mach number becomes irrelevant while the freestream
density and velocity become important simulation parameters. To create these high enthalpy conditions, higher
pressure and temperature reservoirs are required at the inlet of a convergent-divergent nozzle compared to
those found in low enthalpy facilities. This can be achieved by driving a strong shock wave through a tube
filled with test gas while having a small enough nozzle throat, which at the beginning is closed by a secondary
diaphragm, such that a reflected shock forms to create a stagnated nozzle inlet reservoir. These facilities are
known as reflected shock tunnels, shown in Figure 9. In most cases, the test time terminates when the driver
gas arrives at the test section and this topic is discussed in detail in section 4.2.1.

When the primary diaphragm ruptures, for given filling conditions in the driven tube the speed of the shock
wave formed in the shock tube depends on the initial driver gas pressure and driver gas speed of sound, which
consequently depends on the temperature and chemical composition. This relationship is shown in Figure 10
for a pure helium driver assuming calorically perfect and thermochemical equilibrium gas, where the
equilibrium results were computed using the PITOT code [54]. From Figure 10, one of the results is that real
gas effects decrease the shock speed. It is also important to note that the driver section often has a larger
diameter than the shock (driven) tube. In this case, after diaphragm rupture for a free piston driver, the driver
gas undergoes a steady expansion to a choked throat condition, M = 1, before an unsteady expansion into the
driven section [54], provided the driver gas behind the contact surface reaches supersonic speed. This is done
for improved performance, as can be observed in Figure 10 with shock speed improvements of around 20 %,
because a steady expansion provides a higher velocity increase in subsonic flow than an unsteady expansion
for a given pressure difference [55] [56]. Furthermore, one of the most important result in Figure 10 is that for
a given driver gas at high pressure ratios, an increase of its temperature is much more effective than an increase
of its pressure, concerning a gain in shock speed. As a matter of fact, at infinitely large pressure ratios, pa/ps,
the shock speed Us approaches the finite value,
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where as and vy is the speed of sound and ratio of specific heats of the driver gas respectively, assuming
calorically perfect gas. In this aspect, it is desirable to select a driver gas with a low molecular weight, resulting
in a naturally high speed of sound at a given temperature, for use as the driver gas. Consequently, helium and
hydrogen are popular driver gases. Using electrical resistance heaters, helium and hydrogen can be heated up
to 800 K [57]. Assuming air as the test gas, as/ai1~ 4.8 and as/a1~ 6.2 can be obtained using heated helium and
hydrogen respectively. From heated helium, the TH2 reflected shock tunnel could produce a nozzle exit
velocity of up to 3.6 km/s while, from heated hydrogen, the LENS | reflected shock tunnel could produce a
nozzle exit velocity of up to 5.0 km/s [43]. However, to produce velocities greater than 4 - 5 km/s, it is
necessary to use other methods which allow the driver gas to be heated beyond 800 K as it is unsafe, expensive
and inefficient to use very high driver pressures for performance gains. In fact, for a given as/a;, it is impossible
to attain certain shock speeds regardless of how high the driver pressure is because the shock speeds effectively
asymptotes as shown in Figure 10 and by equation 24.
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Figure 9: Wave diagram (a) and schematic (b) of a reflected tunnel.

One way to achieve very high driver gas temperatures is heating the driver gas with an electric discharge. Such
drivers are known as electric arc drivers and can heat helium to 20000 K resulting in as/a; ~ 24 [58]. This driver
method is used for the 10 cm inner diameter shock tube facility EAST (Electric Arc Shock Tube) at the NASA
Ames Research Centre, which can also run as a shock tunnel [59]. When operated as a reflected shock tunnel,
total specific enthalpies of more than 30 MJ/kg could be achieved. However, the total pressures corresponding
to these high enthalpy conditions were less than 20 MPa [57]. Consequently, while there is no doubt that
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electric arc heating can generate very high temperature driver gas, it remains to be seen whether high
temperature gas can be produced at high pressures necessary for high total pressure operation.

Another way to achieve high heating of the driver gas is to compress the gas almost adiabatically, and virtually
isentropically [60] [61], with a heavy free piston. This method was first reported by Stalker and Besant in 1959
[62] and is currently used in various reflected shock tunnels around the world, including HEG in Germany,
HIEST in Japan, T5 in the USA and T4 in Australia [35]. These free piston driven shock tunnels are known as
Stalker tunnels, named after the pioneer of the free piston driver. Helium is normally used as the driver gas for
free piston drivers. A certain amount of argon is sometimes mixed with helium to control the performance of
the free piston drivers. The driver gas typically gets compressed to pressures in the range of tens to the low
hundreds of MPa when the diaphragm ruptures [63] [61]. Values of as/ai1~ 12 can be achieved in free piston
drivers [64] [65], as is demonstrated by the free piston driver of HEG, T4 and T5 which heats helium driver
gas to over 4000 K [63]. The largest Stalker tunnel currently in regular operation is HIEST with a test section
diameter of up to 1.2 m [39]. A new Stalker tunnel, FD21, is currently being put into operation in China and
would become the biggest Stalker tunnel in the world, having a test section diameter of 2.0 m and a total length
of more than 110 m [40].

A third way to heat helium driver gas is to add a certain amount of hydrogen-oxygen, for example, with the
helium driver and this allows the use of deflagrative combustion to heat the driver gas mixture. The optimum
helium content for performance, is about 50 - 80 % by volume [66]. While the combustion process allows the
gas mixture to be heated to about 2500 K, the amount of water vapour formed from combustion increases the
average molecular weight of the driver mixture. As a result, this driver method can produce as/a; = 7 - 8.
Currently, no hypersonic facility in operation utilizes this deflagrative combustion driver method. The issue
with this method is that the post-combustion pressure is limited to about 40 MPa due to the need to suppress
detonation. Consequently, detonative combustion methods have been developed to overcome the pressure
limitation of the deflagrative combustion method. For the detonation driver, the optimum helium content for
performance, is about 30 - 60 % by volume and this can result in as/a; = 7 — 8 [66]. So the performance
characteristics of the detonation driver is similar to that of the deflagrative driver except detonation drivers
allow for higher driver pressures to be attained. Currently operating detonation driven shock tunnels include
TH2 in Germany and JF12 in China [67].
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test gas fill pressure, P41, with different speed of sound ratios between the driver, a4, and test
gas, a1, for a pure helium driver.
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Compared to the free piston driver, the clear disadvantage of the detonation driver is the inferior performance.
Furtheron, the storage and handling of hydrogen requires safety precautions. After each experiment the water
as product of the detonation combustion has to be removed off the facility by evacuation or other means. This
limits the number of shots within a certain period of time. Nevertheless, detonation drivers are sometimes
selected over free piston drivers due to its low cost. Free piston drivers are much more expensive. Also, free
piston drivers are much more complex in their mechanical setup and therefore require much more experience
in operation. Detonation drivers do not need any complex mechanical systems and therefore are much easier
to operate than free piston drivers. Hence, detonation drivers allow for a convenient performance upgrade from
a conventional helium/hydrogen driven shock tunnel without significant hardware modification. An example
of a facility doing such an upgrade is the TH2 [68] reflected shock tunnel.

In a reflected shock tunnel, three different processes can occur in the shock tube when the reflected shock
wave meets the constant surface. This is illustrated in Figure 11. In the undertailored operation, the shock wave
interaction with the contact surface causes a transmitted shock and a reflected expansion wave that propagates
towards the end of the shock tube. In the overtailored operation, a transmitted shock as well as a shock wave
which reflects off the contact surface is generated. In this case, behind the first interaction the contact surface
continues to travel downstream while reflected shock waves travel back and forth between the contact surface
and the end of the tube. In the tailored operation, the reflected shock wave travels through the contact surface
and, in case of a closed shock tube, reduces the velocity of the contact surface to zero. In this case, no further
expansion waves or reflected shock waves are formed. Generally, the tailored operation is the most desirable
form as it allows for a steady nozzle reservoir state and a long test time. Furtheron, it results in a reduced driver
gas contamination of the test gas (see section 4.2.1) because in this case there is only one interaction of the
reflected shock with the contact surface. In case of an overtailored operation the multiple reflections of the
shock at the contact surface cause the generation of a new driver gas wall jet with each reflection. Therefore,
driver gas contamination is a serious concern for overtailored operation. For the undertailored mode, during
the first shock-contact surface interaction, the reflected expansion wave accelerates the hot test gas away from
the nozzle entrance and therefore the velocity of the driver gas wall jet is at least decelerated which leads to a
reduced driver gas contamination. Therefore, in respect to driver gas contamination a slight undertailored
operation is desirable.

end wall end wall end wall

Figure 11: x-t wave diagrams of shock wave/contact surface interactions for undertailored (left),
tailored (middle) and overtailored (right) configurations. Dashed lines represent contact
surfaces while solid lines represent shock waves. [69]

For a given driver condition, a tailored operating condition can only be obtained for a unique driven section
filling condition and vice versa. Using the methodology outlined by Nishida [69] and assuming inviscid,
calorically perfect gas, the driver conditions necessary for tailored operation and the resulting shock speeds
were calculated for different driver gases given that the test gas initially filled in the shock tube is air at room
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temperature. The results are presented in Figure 12. This figure should only give qualitatively an estimation of
the magnitude of the shown parameters since the assumption of a calorically perfect gas is not valid for the
shown high driver gas temperatures and shock speeds. Because of the requirement of tailored operation, it is
not so convenient to vary the shock speed which could otherwise be done by varying the driver gas temperature
and the ratio of driver pressure, ps, to driven section fill pressure, pi1, to any arbitrary combination. As an
example from the results in Figure 12, to generate a 6 km/s shock in room temperature air using a helium
driver, the driver needs to have a temperature of around 6300 K and a pressure of around 3000p; for tailored
operation. If the facility cannot heat helium to 6300 K, compensating by increasing the value of p/p: is not an
option as it would result in untailored interface conditions. Instead, a solution could be to use hydrogen as the
driver gas as it would produce a 6 km/s shock when heated to only around 2200 K. Hence, as mentioned by
Lukasiewicz [56], operation of reflected shock tunnels often involves using different types of driver gas
conditions and driver gas mixtures to maintain tailored interface configurations at different total enthalpy test
conditions. Nevertheless, from Olivier [34], Marineau et al. [70] and Sudani et al. [71], operating reflected
shock tunnels at slightly off-tailored conditions may still be acceptable. In particular, operating at a slightly
undertailored condition is even recommended by Sudani et al. [71] for improved test time at the cost of a
slightly less steady nozzle exit condition. However, operating overtailored should always be avoided due to
pronounced driver gas contamination on top of a less steady nozzle exit condition [71] [72] [37].

Assuming a tailored interface, the ratio of nozzle reservoir pressure, ps, to driver pressure, ps, for different
shock speed conditions are calculated assuming as above inviscid, calorically perfect gas and in the same way
as Nishida [69]. The ratio ps/ps is often called the pressure recovery factor or the recovered pressure. The
results are presented in Figure 13 and they show that the driver pressure, ps, needs to be of a comparable value
to the desired total pressure of the test condition as the pressure recovery factor is about 0.9 for most conditions.
Similarly, for a free piston helium driver, Stalker and Hornung [73] calculated the pressure recovery factor for
air as test gas to be about 1.8 under tailored interface operation in the case of an area change at the driver-
shock tube junction. With the influence of real gas effects, ps should still be in the same order of magnitude as
the desired total pressure of the test flow under tailored conditions. This means that the value of ps, and
consequently p:1 due to Figure 13, cannot be arbitrary if a test condition with a particular total pressure is
desired. For example, if heated helium is used as the driver gas and a test condition with a total pressure in the
hundreds of MPa is required, then p. also needs to have a value in the hundreds of MPa while p; needs to have
a value around the hundreds of kPa. Also, from Figures 12 and 13, it can be observed that the total pressure of
the test conditions can be varied without influencing the shock speed while operating under tailored interface
conditions.
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speed, Us1, (right) for tailored operation at various driven gas temperatures, T4, for a test gas of
air initially at room temperature and three different driver gases.
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Us1, for tailored operation given a test gas of air initially at room temperature and three different
driver gases.
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Consider a representative high performance free piston driver heating helium to around 5000 K, a shock Mach
number, Mgy, of 15 is produced for tailored operation in a reflected shock tunnel as shown in Figure 14 (a). It
has to be noted that the graph shown in Figure 14 (a) has been determined for calorically perfect gas since the
underlying theory is only valid for calorically perfect gas. Figure 14 (b) to (c) show the nozzle reservoir
conditions for a range of Ms; at typical shock tunnel fill pressures of air assuming thermochemical equilibrium.
All thermochemical equilibrium calculations reported in this paper were performed using the CEA code of
NASA [74]. Given Ms; = 15, the resulting nozzle reservoir condition is, ps = 3.4 — 340 MPa for the given initial
pressure, Ts~ 8800 — 11700 K and hs = 28 MJ/kg. The currently operational reflected shock tunnels generally
do not operate above these conditions. The performance of reflected shock tunnels is generally limited to about
7 km/s for nozzle exit velocity, 25 MJ/kg for total enthalpy, 10000 K for total temperature and 200 MPa for
total pressure [66]. However, the main contributor to this performance limitation is generally not from driver
capabilities as modern impulse facility drivers, particularly free piston drivers, have the potential of supporting
higher velocity and total pressure conditions. The performance limitation of reflected shock tunnels mainly
arises from the current material limitations. The high stagnation pressure causes a structural problem while the
high stagnation temperatures causes a material heating problem. Furthermore, the influence of premature
arrival of driver gas at the test section increases with increasing shock velocity resulting in almost no test time
beyond 7 km/s (25 MJ/kg) for the case of the T3 [60] and T5 [65] reflected shock tunnels. Also, significant
radiation losses by the nozzle reservoir above total enthalpies as low as 10 MJ/kg [75] make reflected shock
tunnels inefficient facilities for producing very high enthalpy flows.

3.3 Very High Enthalpy Facilities

So far, all the facilities discussed involves expansion of a stagnated reservoir through a converging-diverging
nozzle. However, in order to generate conditions with higher total pressures and total temperatures, it is
necessary to not stagnate the test gas. In this way, one such facility which allows high enthalpy conditions is
the non-reflected shock tunnel. This facility is almost identical to a reflected shock tunnel except the nozzle is
a purely diverging nozzle because the test gas does not stagnate at the end of the shock tube but, instead, travels
"straight-through". While non-reflected shock tunnels allow for higher performance, the test time of a shock
tunnel in non-reflected mode is always significantly less than its test time in reflected mode [57]. There are
currently no non-reflected shock tunnels in operation.

Alternatively, a shock tunnel can be operated without a nozzle, as just a shock tube. Shock tubes have been in
use for studying shock waves since 1899 [76] and still remains an important research instrument today for the
study of thermochemical kinetics and radiation [77]. Shock tubes are often used to study low and medium
enthalpy conditions as well as high enthalpy conditions. In general, unlike the other facilities, shock tubes are
not used to generate flows around test models. Instead, the moving shock wave (in the lab frame of reference)
in the shock tube is studied. While the obvious disadvantage is that the variety of experiments in shock tubes
are limited, there are numerous advantages of shock tube experiments. Firstly, the core flow in a shock tube is
limited to one-dimension which allows the thermochemical kinetics and radiation to be studied under a simple
gasdynamic environment. In fact, for low and medium enthalpy conditions, a fully stagnated condition can be
created at the end of the shock tube to force a zero-dimensional gasdynamic environment to completely isolate
the thermochemical kinetics and radiation phenomena. In addition, showing that the shock tube has versatility,
the Electric Arc Shock Tube (EAST) at NASA Ames will soon be used to study the nonequilibrium and
radiation of expanding flows [78].
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Figure 15: Schematic and x-t diagram of an expansion tube showing the typical wave processes
which occur during operation. [47]

Another advantage of shock tubes is that it has an accurately defined freestream condition. Studying shock
waves which are moving in the lab frame of reference, the freestream condition is just the stationary shock
tube fill condition, of which the pressure, temperature and chemical composition are known. This is in contrast
to the other test facilities where the experimental freestream is the hypersonic nozzle exit condition. In these
cases, the experimental freestream could be very difficult to define accurately and this is discussed in detail in
section 4.2.3.

Another facility which can be used to produce high enthalpy conditions is the expansion tube, shown in
Figure 15, which was first proposed by Resler and Bloxsom in 1952 [79]. In the expansion tube, the shock
tube is connected to an additional tube of the same inner diameter, called the acceleration tube, which is initially
separated from the shock tube by a weak diaphragm and is evacuated to very low pressures. When an expansion
tube experiment is initiated, a shock wave passes through the shock tube, shock heating the test gas and then
breaking the secondary diaphragm when it reaches the end of the shock tube. An unsteady expansion forms
after the rupture of the secondary diaphragm. The shock heated test gas travels through the unsteady expansion
as it flows through the acceleration tube and this increases the total pressure and total enthalpy of the test gas.
The unsteady expansion performs work by the time-dependent pressure force which according to the equation
[56],

dhy 10p
dt pat (25)

leads to a total enthalpy increase for part of the gas. As explained by Morgan [80], the unsteady expansion
causes a total pressure and total enthalpy multiplication, the magnitude of which depends purely on the Mach
number of the expanded test gas, My, according to perfect gas analysis. This general trend is also observed in
thermochemical equilibrium analysis, shown in Figure 16 and calculated using the PITOT code [54], where
the relationship between My and the magnitude of multiplication was calculated for an air test gas with a fill
pressure of P; = 10000 Pa subjected to different shock speeds, Us1. For the range of M7 shown, which is
realistic for a typical expansion tube, the test gas total enthalpy and total pressure could increase by a factor of
around 2 — 4 and 40 — 1000 respectively from its value after shock heating in the shock tube. Thus, for a given
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driver, the expansion tube can generate the highest total pressure and total enthalpy conditions of all the

facilities.
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Figure 16: Total enthalpy (left) and total pressure (right) gains across an unsteady expansion
under thermochemical equilibrium conditions. hor and Ptz refers to the total enthalpy and total
pressure respectively of the test gas after unsteady expansion to a Mach number M+. hoz and P2
refers to the total enthalpy and total pressure respectively of the test gas after shock heating by
a shock with speed Us,1 for a fill pressure of P1.

One of the earliest operational expansion tube was run by Miller [81] at NASA Langley in the 1970s. While
the facility demonstrated its performance potential, it was decommissioned in 1983 because very few usable
operating conditions could be produced due to severe noise in the test flow. Consequently, the expansion tube
facility was not established as a reliable research tool until the early 1990s when Paull and Stalker [82] found
a solution to inhabit the severe perturbation present in the test flow. The noise in the test flow was found to be
acoustic disturbances transferred from the expanded driver gas, and the source of the noise in the driver gas
was the primary diaphragm rupturing process. All frequency components of the acoustic disturbance in the
test gas are focused into a narrow frequency bandwidth during the unsteady expansion causing significant
noise during the test time. The noise in the test flow can be reduced by reducing the transmission of acoustic
disturbances from the expanded driver gas to the test gas prior to the unsteady expansion of the test gas. This
can be done by designing the test conditions such that the speed of sound in the shock processed test gas is at
least 1.3 times larger than the speed of sound in the expanded driver gas, as proposed by Morgan [80]. Meeting
this requirement permits the contact surface to act like an acoustic buffer which attenuates the transmission of
acoustic disturbances from the expanded driver gas to the test gas. Nowadays, Lawson and Austin [16] reports
that it may even be possible to generate conditions in the expansion tube with freestream disturbances low
enough for accurate boundary layer transition studies with real gas effects.

Expansion tubes can be fitted with nozzles to operate as expansion tunnels. The expansion tunnel has a
distinctly longer test time than the non-reflected shock tunnel and a significant reason for this is because the
accelerator gas, instead of the test gas, is used for nozzle start-up, unlike in a shock tunnel where test gas is
wasted on nozzle start-up. Nevertheless, the expansion tunnel still has a much shorter test time compared to a
reflected shock tunnel of a similar size. Additionally, although expansion tubes can be operated with nozzles
to provide an increase in the test section size (and a small increase in the test time), the area increase by
expansion tunnel nozzles are much small than that by reflected shock tunnels. For example, the nozzle exit
area to shock tube area of HEG nozzles range from 8:1 to 34:1 while the nozzle area ratio of the X2 expansion
tunnel is only 5.64. Therefore, for a shock tube of the same diameter, a reflected shock tunnel would always
have a much larger test section than an expansion tunnel.
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The expansion tube and tunnel, however, are not exclusively used for generating high total pressure and/or
total enthalpy conditions, as shown in Figure 20. Expansion tubes such as the one at Stanford University [46]
and the one at The University of Michigan (MHEXT) [45] operates low enthalpy test conditions for the study
of combustion, while the X2 expansion tunnel operating with a conventional helium driver provides medium
enthalpy conditions for the study of CO> thermochemical nonequilibrium and radiation [83]. Hence, while the
reflected shock tunnel has significantly longer test times and allows for the use of larger test models than the
expansion tube, the thermochemical state of the test flow generated by expansion tubes is more realistic of
flight. This is because in a reflected shock tunnel, complete thermochemical equilibration is unlikely to occur
through the nozzle expansion. So, as the test gas never stagnates in the expansion tube and the occurrence of
the unsteady expansion provides a total enthalpy multiplication, the test gas does not reach as high of a
temperature as would be required in a reflected shock tunnel to generate the same condition.

207

BReflected shock tunnel
—Expansion tube, hm,/h02 =2

/hy, =4 -7

- -Expansion tube, ho:r

15+

, kmy/s

Us,l' km/s

Figure 17: An approximate relationship between the test section velocity and the shock speed
required for reflected shock tunnels and expansion tubes.

Assuming that the total enthalpy of the shock heated test gas is hoz = Us1? [57] which holds for high shock
Mach numbers and assuming the total enthalpy of the test flow is ho. = 0.5U..2, Figure 17 is produced which
illustrates the benefits of the total enthalpy multiplication occurring in expansion tubes. The figure shows that,
given a required test section velocity, U, the shock speed, Usi required to generate this test flow is
significantly less in expansion tubes compared to reflected shock tunnels. For example, to generate a 4.0 km/s
flow at the nozzle exit of a reflected shock tunnel, a shock tube shock speed of about 3.0 km/s is necessary and
this would heat the test gas to a temperature of almost 6000 K after shock reflection, resulting in significant
dissociation of the test gas. On the other hand, to generate the same condition in an expansion tube, a shock
tube shock speed of only about 2.0 km/s is required, resulting in very little dissociation of the test gas.
Therefore, for a given test condition, the one generated by an expansion tube will always be closer to
thermochemical equilibrium compared to the one generated by a reflected shock tunnel. Furthermore, even for
superorbital expansion tube conditions where significant dissociation occurs in the test gas by shock heating,
some experimental results seem to indicate thermochemical equilibrium across the unsteady expansion [84]
and this will be discussed in detail in section 4.2.3.

4.0 REQUIREMENTS AND LIMITATIONS OF GROUND TEST FACILITIES

The previous section introduced the characteristics of various different hypersonic ground test facilities. Now
it is necessary to identify what is required of the facilities so that the capabilities and limitations of the current
facilities can be recognized.
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4.1 Performance Requirements and Limitations to Simulate Flight

As discussed in section 2, a significant portion of experimental work in hypersonics involves reproducing
flows past actual aircrafts and spacecrafts for engineering purposes. Therefore, it is important to identify
portions of flight trajectories which can and cannot be simulated by current ground test facilities. Some
representative trajectories of typical flight vehicles are shown in Figure 18 and these values are used for the
analysis in this section.

10 2104 ‘ ‘ x10*
: ¢ Shuttlé return 10 «— Shuttle retumn

9t ; : '-' " Lunar return, 9l i.' «— Lunar return
Low enthalpy! i ' / !

8r ; ¥ Mars return  —; | 8r / Marg return  —

— — ' . / / i

g 7r ! High enthalpy /! ! i1 g 7t e / /
d i /"/‘ _)E . l’ : (15 ,»”’/ /I
o 6 s i Very high enthalpy i < 6 L , g
$s i/ P 7 g S T
= / z"? """"""""""""""""" - i l/ ,,,, e
é 45 JPE -§> 4r 7 e
L | S et ; i g Z ™

31 A - ] 3 fez ]

‘/,/ B \ * Hypersonic transport cruise \ y \ - Hypersonic transport cruise \
27 o/ ; J L i
{+//— Scramjet ascent : 2 {+'/— Scramjet ascent
U H . H . 1L . . . . .
0 5000 10000 15000 0 10 20 30 40 50 60
Flight Velocity, m/s Flight Mach number

Figure 18: Representative trajectories of typical flight vehicles direct entry given in terms of the
Mach number, left, and velocity, right, obtained from [22] [85] [86] [87].

An ideal ground testing would require the duplication of the real atmospheric and flight data. In order to
recreate the Mach number, Reynolds number, p-L scaling, velocity and total enthalpy of a flight vehicle, it
would be necessary to recreate the chemical composition, freestream velocity, freestream static temperature
and, in the case of using a full scale test model, the freestream static pressure/density of the flight condition.

4.1.1 Low enthalpy flow regime

It is easy to show that full scale testing for hypersonic flow conditions is not feasible even for relatively low
enthalpy conditions. Exemplarily, a wind tunnel of 5 m x 5 m cross-section simulating the flow conditions at
35 km altitude at Mach number 6 would require a theoretical driving power of 700 MW. Therefore, scaled
model testing is the normal case. As shown in section 2.1.1, in low enthalpy flows no chemical reactions take
place and therefore the gas can be considered as thermally perfect. In this flow regime the most important
simulation requirements are given by the Mach number, the Reynolds number and for certain flow cases the
wall temperature ratio. Depending on the considered flow phenomena, the freestream velocity may or may not
be duplicated. The duplication of the flight velocity is of importance, for example, for full scale scramjet testing
in order to simulate the correct travelling time of the flow through the engine. In case there is no need to
duplicate the freestream velocity, this leads to some weaker requirements on the wind tunnel testing parameter
as it is shown in the following. In this case only Mach and Reynolds humber should be duplicated leading to
the statement given in equation 1. The Reynolds number is given by,

_ PoolUoxL
Moo

Re (26)

with
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Poo = Po * f1(¥) Moo) (27)
Too
Uy = auMy, = )/RT—*\/TO*MOO (28)
0
Uo = \/To*fz(% M) (29)

and the usual approximation for the viscosity,
Moo = C*TZ (30)

where the subscript 0 refers to the total conditions and C is a constant. With this and the equation of state for
the reservoir condition, the Reynolds number can be reformulated as a function of the total pressure,
temperature and Mach number,

PolL

Re = Wf()/, Moo)C1 (31)

where C; is a new constant. From the simulation requirement, Rew: = Res, then for identical Mach numbers it
directly follows,

+05
pO,Wt — (TO,Wt>n i (32)
Po,f1 To 51 Lyt

where Lw/L# is the model scale. It is desirable to keep the wind tunnel total pressure and temperature as low
as possible. The lower limit of the wind tunnel total temperature follows from the desired freestream Mach
number and the condensation onset of air which is pressure dependent. However, typically the freestream
temperature should not be lower than 50 K to avoid condensation. In this case the total temperature amounts
to 410 K for M, = 6 and to 1050 K for M, = 10. It is obvious that the wind tunnel total temperature can be less
than the flight total temperature, for example the factor with the total temperature ratio in equation 32 is less
than one resulting in a reduction of the wind tunnel total pressure. However, the wind tunnel total pressure is
proportional to one over the model scale. This impressively shows the smaller the model scale the larger the
necessary wind tunnel total pressure. In other words, large wind tunnel models allow lower reservoir pressures.
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Figure 19: Reynolds number versus Mach number capabilities of low enthalpy facilities
compared to flight trajectories.

In case the freestream velocity should be replicated beside of the Mach and Reynolds number, it follows from
the Mach number that the freestream static temperature and therewith also the viscosity are identical for both
flight and wind tunnel. In this case the requirement of identical Reynolds number yields,

(pooL)Wt = (pooL)fl (33)
or for identical Mach numbers,

Do ) _ (Po )

—L =|—L

(TO we 17 (34)

Since Mach number and freestream static temperature are identical, the same holds for the total temperatures.
Therefore, it follows,

L
Po,wt _ (35)
pO, fl Lwt

which also results from equation 32 for Tout = To.
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The dependence of the wind tunnel total pressure on the model scale leads to enormous total wind tunnel
pressure for high Mach numbers. For example, Table 2 gives the necessary total pressure and temperature for
a wind tunnel duplicating the flight Reynolds number for 35 km altitude as well as the flight Mach number
and velocity for a typical model scale of 1:50 of a hypersonic transport vehicle. The data in Table 2 has been
determined for equilibrium air chemistry. This simple example notably shows that for continuous running
facilities there is not only a limitation due to power requirements but also due to the necessary high total
pressures and temperatures. For the continuous running facilities there is a clear Reynolds number limitation
as shown for the AEDC tunnel B and C facility in Figure 19. For impulsive facilities like blowdown facilities
and gun tunnels, AEDC tunnel 9 yields the highest performance. But the limitation of the wind tunnel
stagnation temperature (Tunnel 9, Tomax = 930 K at M., = 8) does not allow a simulation of the freestream
velocity. Only tunnel C at M. = 4 allows a simulation of the freestream velocity, but in this case the Reynolds
number is limited to 23 million.

Table 2: Necessary wind tunnel total pressure and temperature for duplicating flight Mach
number, Reynolds number and flight velocity at 35 km altitude with a model scale of 1:50.

Mo 4 5 6 7 8 9
Powt, MPa 44 165 545 162 4444 1140
To, K 960 1325 1750 2220 2730 3280

The low enthalpy facilities mentioned in section 3.1, such as continuous, blowdown and gun tunnels, produce
test conditions with low static temperatures of typically around 50 — 100 K. Consequently, as shown in
Figure 19, the Mach-Reynolds simulation capabilities of these facilities are not bad considering that the total
pressures and total temperatures of these facilities are generally less than 100 MPa and 2000 K respectively,
though the AEDC tunnel 9 could achieve total pressures of up to 150 MPa [26]. The reference length was
chosen as twice the nozzle exit diameter, which is approximately the maximum allowable size of slender wind
tunnel test models [29]. However, it is important to note that, because of their relatively low total temperatures
they are restricted to so-called cold hypersonic flow phenomena. The limited total temperatures are due to
technological limits of the continuously working heaters. Of course, the big advantage of these facilities is
given by their long running time which allows detailed and accurate measurements of various flow and model
parameters. Nevertheless, for hypersonic transport vehicles flying between 25 and about 30 km altitude and
having typically 30 to 70 m length the Reynolds number is in the order of 100 to 300 million. This is well
beyond the scope of most of the hypersonic facilities as shown in Figure 19. Only tunnel 9 of AEDC might be
able to generate these high Reynolds numbers with sufficiently large wind tunnel models. For these high
Reynolds number tests, the boundary layer is turbulent. For low Reynolds number tests, tripping of the
boundary layer is a usual technique. But at hypersonic Mach numbers, tripping is only efficient for Reynolds
numbers which are not too low. The state of the boundary layer has strong influence on its separation
behaviour, friction drag, shock boundary layer interactions etc. and is therefore of overall importance. A lack
of Reynolds number capabilities therefore represents a severe limitation of aerodynamic wind tunnel testing.
Nevertheless, in cases where the simultaneous duplication of the Reynolds number and Mach number is not
quite possible, recreating the laminar boundary layer thickness or viscous interaction in the flight vehicle is
still possible if the characteristic parameter for laminar boundary layer thickness, Me%Re, or the characteristic
parameter for viscous interaction, Me%/\Re, is simulated respectively. Hence, contour lines for constant values
of M¢?\Re and Me¥VRe are included in Figure 19.

4.1.2 High enthalpy regime

For the high enthalpy flow regime (see Figure 1) the temperature behind strong shocks is sufficiently high to
initiate chemical reactions. It was shown in chapter O for dissociation reactions the pL-scaling law holds. So,
in addition to Mach and Reynolds number, the pL-scaling should also be satisfied which also requires the
duplication of the flight velocity. In this case, for matching the Reynolds number, the duplication of the
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freestream static temperature is necessary. The pL-scaling directly shows that for downsized wind tunnel
models the freestream density has to be higher than in flight. Since for the considered case the freestream static
temperature is the same as in flight, for the wind tunnel the freestream pressure and therewith the total pressure
increases proportional to one over model scale. For perfect gas, this is particularly obvious from the
corresponding equations for isentropic flow. However, for the high enthalpy flow regime the total temperature
reaches high values and accordingly the required total pressure and temperatures for ground testing, shown in
Figure 20 calculated for equilibrium air, also reach high values. Total temperatures up to 10000 K can be
achieved by reflected shock tunnels which are the most common type of facility in the temperature range from
about 1500 K to 10000 K. This figure already shows that for reasonable small models, a simultaneous
duplication of pL, U, and Mach and Reynolds number is only possible for a very small part of the trajectory.
For the Shuttle return, with a feasible model scale of 1:100 only the LENS I facility and HEG are able to fulfil
the requirement for the simultaneous duplications, but only for a low temperature range up to 2000 K. For the
temperature range of interest, 3000 K to 8000 K, there is no facility which fulfils this simulation requirement.
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Figure 20: Total pressure and temperature requirements under thermochemical equilibrium
compared with high enthalpy facilities. RST and ET refer to reflected shock tunnels and
expansion tunnels respectively.

From Figure 20, it is obvious that material technology limitations restrict reflected shock tunnels to total
pressures of about 100 MPa at 10000 K total temperature. Consequently, only the lower end of the flight
trajectories can be simulated with respect to simultaneous Mach number, Reynolds number and pL
duplications, even if a full scaled test model is used. Even smaller portions of flight trajectories can be tested
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if scaled test models have to be used, which is the case in most facilities. Nevertheless, in cases where flight
conditions can be simulated by a reflected shock tunnel, good quality experimental measurements can be taken
due to the typically longer test times and larger test models in reflected shock tunnel experiments compared to
expansion tube experiments. However, in other cases where a better defined thermochemical state of the
experimental test condition is particularly important, the expansion tube would be the preferred facilities as
discussed in section 3.3. Hence, it can be observed in Figure 20 that expansion tubes are designed for lower
performance conditions in addition to the high performance conditions in Figure 24, for certain applications.
For example, Gu et al. [83] developed a conventional helium driver for the X2 expansion tube in order to study
the thermochemical nonequilibrium and radiation of CO, at a freestream static pressure of around 300 Pa and
a velocity of around 2.8 — 4 km/s, which were too low to achieve using the free piston driver. Interestingly,
this is probably the first case of a facility downgrading its driver to generate lower performance conditions
because traditionally the vice versa is true. At laboratories fortunate enough to have both an expansion tube
and a reflected shock tunnel, such as the Centre for Hypersonics at The University of Queensland with X2&3
[88] and T4 [61], the Graduate Aerospace Laboratories at California Institute of Technology with HET [47]
and T5 [89], Calspan at the Buffalo Research Center with LENS XX [24] and LENS | & 11 [42], State Key
Laboratory of High-Temperature Gas Dynamics at the Chinese Academy of Sciences with JF10&12 and JF16
[90], and JAXA with HIEST [39] and HVET (a new expansion tube) [91], it is encouraged to repeat
experiments in both types of facilities. This allows experimentalists to benefit from the advantages of both
facilities and permits a comparison between the results to insure that findings are facility independent.

In general, duplication of the most important similitudes in high enthalpy flow - Mach number, Reynolds
number, p-L and total enthalpy - is not easy to achieve. Still, although some phenomena require the recreation
of all the similitudes, the study of some other types of hypersonic flows might suffice from the duplication of
just some of the scaling parameters. In the case of a blunt body flow, real-gas effects would be the dominate
phenomenon of interest and that means the simulation of p-L and the freestream velocity, U., is most
important. Therefore, a p-L versus velocity graph shown in Figure 24 is created to study the capabilities of the
facilities in this aspect. For each facility, the reference length, Ler, is defined as half of the core flow diameter,
or 1/3 of the nozzle exit diameter for cases where the core flow size is unavailable. For the Mars and Lunar
return capsule, the diameter of the FIRE 11 and Apollo 11 capsules respectively were used as Lrs. For the
shuttle, its fuselage length of 33 m was used as L. It has to be mentioned that due to the high total pressure
requirements, shock tunnels usually are operated at lower Mach numbers than the flight Mach number. In this
case the freestream density is higher and consequently the pL-scaling law can be satisfied for higher flow
velocities. The lower Mach numbers are argued by the Mach number independence principle which holds for
higher Mach numbers but strictly only for blunt bodies or strong shocks. Therefore, this strategy has to be
carefully considered, for example, for slender bodies or for flows for which high-temperature gas effects as
well as Mach and Reynolds number effects are important.

It can be observed that the facilities shown in Figure 21 can simulate the real-gas effects on the Mars return
and shuttle flight vehicles at velocities around 2 — 6 km/s but fails to simulate the high velocity part of the
Lunar return trajectory. This is because, while the Mars return and Lunar return trajectories are similar, the
Lunar return capsule, Apollo 11, is an order of magnitude larger than the Mars return capsule, FIRE 1l. This
meant that a larger p-L requirement is necessary for Lunar return flight simulations. Nonetheless, manned
missions to Mars has been proposed using spacecrafts with diameters of around 10 - 20 m [92], which are even
larger than the spacecrafts used in manned missions to the Moon. Due to their size, the flow past these human-
scaled configurations are difficult to simulate in wind tunnels. It is also important to note that many of the
facilities shown in Figure 21 were probably never designed to provide real gas simulation of Earth re-entry
vehicles in the first place. For example, the conventionally driven X2 expansion tube was designed to study
thermochemical nonequilibrium and radiation of CO; past a wedge model for Mars entry applications [83],
while the JF12 reflected shock tunnel was designed to simulate slender hypersonic vehicles flying at a speed
of around Mach 7 and at an altitude of around 35 km [23].
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Figure 21: p-L versus velocity capabilities of high enthalpy facilities compared to the flight
trajectories.

Beside high-temperature real gas phenomena, Mach and Reynolds number effects are also of importance
which should be simulated in the high enthalpy flow regime as well. Boundary layer growth, local heating
rates, flow separation behaviour, shock boundary layer interactions are only a few of the phenomena which
are strongly dependent on Mach and Reynolds number. Therefore, also for the high enthalpy flow regime the
Mach — Reynolds performance of ground testing facilities is of interest. Figure 22 shows the Reynolds number
versus Mach number capabilities of various high enthalpy facilities mainly reflected shock tunnels and
expansion tunnels compared to the different flight trajectories. The considered vehicles are of blunt body
shape, therefore as reference length for the lunar and Mars return the typical vehicle diameter has been chosen
and for the shuttle its body length because of its large angle of attack in this flight regime. For the wind tunnels
as reference length the maximum feasible blunt body model diameter has been chosen which was estimated
as half of the core flow diameter. From Figure 22 it is obvious that only the LENS facilities, HEG, T6 and the
HXT expansion tunnel are able to simulate a part of the lunar and Mars return trajectories up to Mach numbers
of about 8 to 10. For this Mach number range, the Reynolds numbers for the Mars return trajectory are an
order of magnitude lower caused by the shorter reference length which corresponds to the diameter of a typical
Mars return sample probe. It is also obvious that the simulation range of the high enthalpy facilities is limited
to a maximum Mach number of about 10. As mentioned above, this ensures high freestream densities and
therewith positively influences the pL and Reynolds number simulation capabilities. However, there is a big
discrepancy between the pL — U simulation capabilities and the Mach — Reynolds humber performance for
high stagnation enthalpies. Comparing the pL simulation capabilities in Figure 21 with the Mach — Reynolds
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number performance in Figure 22, the flow conditions yielding high pL values at high velocities are achieved
for a low Mach number, low Reynolds number flow condition. Since the Mach number is kept as low as
possible to achieve a high density, this results in high freestream static temperatures reducing the Reynolds
number. This is demonstrated exemplarily in Figure 21 and Figure 22 by the marked data points indicating the
same flow conditions for two HIEST conditions. The two conditions are close to the pL trajectory for the
Shuttle return, but they are far off from the trajectory concerning Mach and Reynolds number. This is the usual
behaviour for high enthalpy testing.
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Figure 22: Reynolds number versus Mach number capabilities of high enthalpy facilities
compared to the blunt body re-entry trajectories.
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Figure 23: Reynolds number versus Mach number capabilities of high enthalpy facilities
compared to the scramjet flight trajectory.

For more slender configurations a reference length based on the body length is meaningful. For example,
scramjet powered vehicles may fly as slender body configurations at low to medium total enthalpy conditions.
As stated in section 2.2 the simulation of the flight velocity or the corresponding total enthalpy in ground
testing in addition to the pL-scaling is important for a correct simulation of the combustion processes. Because
of the additional importance of Mach - Reynolds number effects for this type of vehicles, Figure 23 shows the
Mach - Reynolds simulation capabilities of the corresponding wind tunnel facilities compared to a scramjet-
powered ascent flight trajectory of a vehicle of 30 m length. For the ground test facilities, the reference length
was chosen as twice the nozzle exit diameter, which approximately represents the maximum length of a slender
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body wind tunnel model [29]. Only T6, the LENS facilities and HEG come close to the flight trajectory for a
narrow Mach number regime at about five to seven.

4.1.3  Very high enthalpy regime

Figure 24 shows the total pressure and temperature requirements to simulate the pL-scaling, Mach humber and
Reynolds number for blunt body return trajectories compared to the simulation range of some expansion
tunnels. Unfortunately, no total pressure and temperature data was available for the LENS XX facility in
literature. Therefore, in this chart the performances of this facility are missing. It is clear from the figure that
using scaled test models significantly increases the total pressure requirements of the ground test facilities.
Thus, obtaining sufficiently high total pressure conditions may be the most difficult challenge for ground test
facilities. While reflected shock tunnels struggle to achieve total pressures of more than 108 Pa, expansion
tunnels can achieve total pressures of more than 10° Pa which is not particularly surprising given the huge
total pressure gains across an unsteady expansion as shown in Figure 16. For example, Gildfind et al. [22]
operated the free piston driven X2 expansion tube with a secondary driver to produce medium enthalpy
conditions with total pressures around 10° — 10 Pa for the purposes of scramijet testing. These conditions
allow for the testing of scramjets as small as 1/10 of flight. Figure 24, shows that these same conditions can
also be used to simulate the medium enthalpy portions of the shuttle, lunar return and Mars return flight
trajectories for certain model scales. Similar conditions could have been generated by the free piston driven
RHYFL expansion tube [93] and the free piston driven HYPULSE expansion tube [94], but these facilities
were just designed and never completed.

Note that for Lunar return and Mars return, a large portion of the trajectory is in the high enthalpy region where
the total temperature is greater than 15000 K. In such cases, as shown in Figure 24, neither the existing
expansion tubes nor the conceptual expansion tubes could provide high enough total pressures, even if full
sized test models are used. This is because the particular drivers of the expansion tubes were not designed to
facilitate these conditions. For example, the free piston driver of the X2 expansion tube, which can heat helium
up to 3000 K [95] to achieve a speed of sound ratio, as/a1, of 9.4 for air as the test gas, is not particularly
powerful for a free piston driver and it was never designed to provide total pressures of more than 10! Pa at
total temperatures of more than 15000 K [63]. Consequently, this issue may be resolved by providing
expansion tubes with higher performance free piston drivers to specifically support flight simulation of these
high enthalpy conditions [96]. For estimation of the maximum performance of an expansion tunnel operating
with a helium piston driver, a maximum driver pressure of 100 MPa and a driver gas temperature of 5000 K
has been assumed. From the currently available technology this seems to well represent the maximum
achievable conditions. Even higher pressures and/or temperatures would cause burning of piston seals, strong
erosion and other problems. Helium is assumed as driver gas because of its high performance and its ease of
handling without any safety precautions. Hydrogen as driver gas would significantly increase the tunnel
performance but at the expense of having highly demanding operations and extensive safety precautions. From
the PITOT code [54], the approximate theoretical upper limit of performance for this fictitious expansion
tunnel operating without a secondary driver is shown in Figure 24 for realistic fill conditions in the shock and
acceleration tube, and assuming thermochemical equilibrium throughout. Compared to X2 operating with a
single stage driver, the maximum total temperature increased by about 5000 K, while the maximum total
pressure increased by approximately an order of magnitude. Although this fictitious expansion tunnel comes
close to duplicating the total temperature and pressure required for simulation of a full scale lunar return vehicle
at the very high total temperature region, there is more to be desired in terms of simulating the Mars return and
scaled lunar return conditions. Stalker mentioned that there are no theoretical performance limitations of a free
piston driver [1]. Though, practical limitations may include heating the driver to temperatures so high that the
facility wall begins to melt, significant heat loss due to radiation and containment of the high pressure driver
gas. Furthermore, there is the known Page-Stalker loss mechanism for free piston drivers which is discussed
in section 4.2.4.
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Figure 24. Total pressure and temperature requirements under thermochemical equilibrium
compared with the performance of expansion tunnels.

The pL-scaling capability of the expansion tunnels is shown in Figure 25. From this figure, the LENS XX
expansion tunnel [24] seems to be capable of almost complete p-L simulation of all the trajectories of flight
vehicles considered. The X2 expansion tunnel is capable of p-L simulations at velocities of around 3 - 4 km/s
but falls slightly short at higher velocity conditions. The T6 expansion tunnel [97], which is currently being
developed, looks to have similar p-L capabilities as the X2 expansion tunnel. The reason why the LENS XX
has distinctly better p-L capabilities compared to the other expansion tunnels is due to its size. The LENS XX
allows for the use of a 0.8 m diameter test model which is significantly larger than that allowed in the second
biggest expansion tunnel, the X3 expansion tunnel, of 0.24 m [49]. The LENS XX actually has similar p versus
velocity capabilities as the X2 expansion tunnel, but because LENS XX is much bigger than X2, the p-L
capabilities of LENS XX is superior to that of X2. Concerning this data, it is very important to note the
following. As reference length in Figure 25, half of the core flow diameter has been taken which is the usual
procedure described in literature. At the highest enthalpy conditions, all shown expansion tunnels have a useful
running time of about 100 - 200 ps. In this case the flow establishment time should not exceed about 70 ps to
ensure a sufficiently long steady state flow time. Hence, the flow establishment time put a severe limitation on
the maximum allowable model size, which is discussed in detail in section 4.2.1. From this follows (see
Table 3) that a typical flow establishment time of 70 us at a flow velocity of 10 km/s allows a maximum model
size of only 23 mm for blunt bodies and 70 mm for more slender configurations. These correspond to typical
model sizes of X2. The pL values for the LENS XX facility would reduce by a factor of about 30 for blunt
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bodies. For X3, the pL data would be reduced by a factor of about nine for the highest enthalpy condition for
blunt bodies and it would be significantly off the trajectories. For T6, no reference length has been given, only
the product pL. This impressively shows that the available testing time poses a severe limitation on the
allowable model size and therewith on the pL simulation capability of expansion tunnels. Additionally, it
should be mentioned that a model size of about 23 mm does not allow much instrumentation on the model.
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Figure 25. p-L versus velocity capabilities of expansion tunnels compared to the flight
trajectories.

It is important to note that a category of flight trajectory not shown in Figure 25 is that of meteoroid entries.
Meteoroid entries occur at velocities of around 25 — 30 km/s on average [98]. Hence, none of the expansion
tunnels shown in Figure 25 comes close to duplicating these velocities. Research in meteoroid entry is now
gaining prominence [98] [99]. Consequently, in the future, there would likely be motivation to install more
powerful drivers in expansion tunnels to facilitate the study of meteoroid entry, which would also
simultaneously allow for even greater p-L capabilities. Nevertheless, it is important to note that, while
theoretically the velocity obtainable in the expansion tube can increase indefinitely with increase in driver
performance, the static temperature of the test flow may eventually be so high that the thermochemical state
of the test flow resembles nothing like flight. This may be an effective velocity limitation of expansion tubes
in terms of simulating flight.
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Figure 26: Reynolds number versus Mach number capabilities of expansion tunnels compared
to the blunt body flight trajectories.

The Mach - Reynolds number performance of expansion tunnels is shown in Figure 26 and compared with
blunt body re-entry trajectories. The LENS XX and X2 with secondary driver allow a simulation of the blunt
body trajectories over a wide range of Mach numbers. However, as for the high enthalpy facilities, it has to be
kept in mind that the points in the pL and the Mach - Reynolds number chart do not correspond to each other.
Probably even more important is the fact that as mentioned above, the chosen reference length is that typically
used in literature. But as before, the resulting model size does not allow a full flow establishment during the
running time. For sufficiently small models of about 23 mm for blunt bodies according to Table 3, the Reynolds
number drops significantly and there is no longer a match with the flight trajectories.

The Mach - Reynolds number performance of expansion tunnels compared with a scramjet ascent trajectory
is shown in Figure 27. Apart from the X3 expansion tunnel and the X2 expansion tunnel operated in single
stage driver mode, the expansion tunnels in Figure 27 comes close to providing Mach - Reynolds simulations
of the full-size scramjet-powered hypersonic aircraft. However, the reference length used is defined as twice
the nozzle exit diameter. Hence, as mentioned in the preceding paragraph, due to the model size requirement
for flow establishment, this probably results in an over estimate of the Mach - Reynolds number capabilities.
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Figure 27: Reynolds number versus Mach number capabilities of expansion tunnels compared
to the scramjet flight trajectory.

4.2  Other Limitations

Aside from the performance aspects, especially reflected shock tunnels and expansion tubes suffer from other
limitations. These other limitations are related to the test time, test model size and the flow quality. This section
will focus on these topics.

4.2.1 Test time and model size

Although the test time of reflected shock tunnels are considered long relative to the high enthalpy facilities
discussed in section 3.3, it could be even longer under ideal conditions. Under inviscid conditions, the test time
in reflected shock tunnels could end when the driver gas contact surface arrives at the test section. However,
in reality, interactions between the reflected shock, contact surface and the boundary layer creates a wall jet of
driver gas and vortices behind the reflected shock. The vortices interact with the jet of driver gas, carrying it
towards the centre of the shock tube and into the nozzle resulting in premature driver gas contamination [72].
This process is illustrated in Figure 28 without the vortices. Other transport mechanism as vortical structures
behind the reflected shock also lead to a premature driver gas contamination. Consequently, significant work
has been done to understand the general characteristics of this phenomenon and provide methods to
experimentally detect the premature arrival of the driver gas at the test section.
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Figure 28: Schematic of the reflected shock/boundary layer interaction which results in driver
gas wall jets. [57]
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Figure 29: The time of arrival of 7.5 %, Paull (1996) [100], and 10 %, Skinner (1994) [101], mole
fraction of driver gas compared to the latest arrival of driver gas in an ideal case. [37]
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Figure 30: Theoretical and experimental premature driver gas arrival time for 10 % molar
concentration compared with the estimated nozzle start up time for the T3 reflected shock
tunnel. [102]

An important characteristic of the shock/boundary layer interaction in Figure 28 is that the severity of the
interactions is essentially independent of total pressure but increases with increase in total enthalpy resulting
in more significant driver gas wall jets, for a given facility [37] [65]. This is illustrated in Figure 29 by Boyce
et al. [37] for the T4 reflected shock tunnel. Part of the uncontaminated test flow will be wasted to start up the
nozzle flow resulting in very little useful test flow at higher enthalpies as illustrated in Figure 30 for the T3
facility. Eventually, the facility will produce test conditions with inadequate test times as total enthalpy
increases. Consequently, the performance of reflected shock tunnels may often be limited by premature driver
gas contamination rather than the more obvious material limitations. For the T3, T4 and T5 reflected shock
tunnels, the total enthalpy is limited to about 25 [60], 15 [21] and 22 [65] MJ/kg respectively due to premature
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driver gas contamination. Stalker et al. [21] notes that the reason why T4 is particularly susceptible to
premature driver gas contamination might be because its shock tube has a length to internal diameter ratio of
133 instead of the usual value of 80 - 100 and this extra length may have allowed extra turbulent mixing at the
driver-test gas interface. From analysis of numerous contamination-free test time data from various facilities,
Stalker postulated that the contamination free flow length increases with increasing shock tube diameter [1].
This makes sense because, as stated by Hornung [65], the relative importance of wall effects decreases with
increase in diameter. A consequence of this is that a direct scale-up of a particular reflected shock tunnel would
result in a relative increase in the total enthalpy limit from premature driver gas contamination. Alternatively,
direct scaling of the shock tube and driver, while the nozzle size is kept the same, would result in larger
increases in the test time and subsequent larger increases in the total enthalpy limit. Though, eventually, the
performance of the facility will be limited by the nozzle melt limit, which is discussed in detail in section 4.2.2,
due to too much test time.

Helium
Contamination

o+ T L
0 [ 2
t(ms)

Figure 31: Static pressure measurements in T4 at the test section using a flat plate. [104]

155.3

Figure 32: Static pressure probe with dimensions in mm. [105]

Due to the occurrence of premature driver gas contamination, various methods and devices have been made
to experimentally measure the arrival of the driver gas in a reflected shock tunnel. One of the earliest methods
to measure driver gas contamination was using a mass spectrometer to directly detect helium as demonstrated
by Crane and Stalker in 1977 in T3 [103]. Another early method of detecting driver gas contamination was
taking static pressure measurements at the nozzle exit as reported by Stalker and Morgan in 1988 for T4 [104].
An example of their measurement is shown in Figure 31. It was taken using a flat plat with a pressure orifice
located 200 mm from the leading edge which was aligned with the nozzle exit plane. Stalker and Morgan noted
that, while the static pressure dropped distinctly after about 1.1 ms as shown in Figure 31, the pitot pressure
measurements remained roughly the same which likely indicates helium contamination due to the increase in
heat capacity ratio caused by helium addition. Alternatively, Hornung in 1991 took high speed photography
of the shock from a wedge, which was used to provide an indication of freestream helium content as the shock
location was also shown to be sensitive to helium presence in the freestream [89]. Subsequently, in 1996, Paull
developed a device which works by choking of a small duct as the contamination rises above a preset level
[100]. Also in 1996, like Stalker and Morgan in 1988, Kindl et al. measured the nozzle exit static pressure to
determine helium contamination [105], except Kindl et al. used a small static pressure probe, shown in
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Figure 32, instead of a flat plat as used by Stalker and Morgan. Kindl et al. also explained two methods to
determine the time-resolved helium contamination percentage at the nozzle exit from the static pressure
measurements. In the first method, perfect gas relations were used to derive a relationship for the ratio p./po
with the nozzle area ratio and the heat capacity ratio of the gas. Using the measured nozzle exit pressure, pe,
and the measured nozzle reservoir pressure, po, the estimate of the heat capacity ratio of the gas can be
determined which is subsequently used to give an estimate of the helium percentage by applying the mixing
rule for the specific heats. This is called the mixing rule method. Strictly, this method is only valid for relatively
low enthalpies where the specific heats are not yet influenced by high temperature effects. In the second
method, called the calibration method, nozzle exit static pressures were taken numerous times for different
amounts of helium initially mixed in with the test gas before each experiment. For this method, in all cases the
shock tunnel experiments were performed for tailored interface conditions, thus minimizing the effect of a
premature driver gas contamination due to shock-boundary layer interaction. This gave an experimentally
derived relation between the helium percentage in the gas and the nozzle exit static pressure as shown in Figure
33. Using this, the freestream helium percentage in the actual test condition can be determined from its static
pressure measurements. The freestream helium percentage deduced from both methods are shown in Figure
33. The two methods show differences of up to 20 %, which is comparable to the uncertainties of the other
helium detection methods. Various ideas like suction slots and a sleeve as insert at the end wall have been
proposed to delay the helium contamination [71] [106] [107]. The sleeve in particular shows a positive effect
for overtailored conditions. But the longest test times are still achieved without any device for slightly
undertailored conditions [71].
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Figure 33: Static pressure measurements at the nozzle exit. The left figure shows the calibration
values while the figure on the right shows the final deduced helium mass fractions. [105]

In detonation driven facilities, whether the mechanism of driver gas contamination is the same as that of helium
driver gas is uncertain. The experimental results of Olivier [34] indicated that the detonation driver gas
contamination mechanism is qualitatively the same as that of helium drivers. However, the CFD investigation
by Chue et al. [108] showed the opposite result where the detonation driver contamination mechanism was
observed to be qualitatively the same but quantitatively more prominent compared to those for helium drivers,
resulting in more severe driver gas contamination in detonation driven facilities. Most of the above methods
for determining driver gas contamination are useless in situations where detonation drivers are used. At the
test section, the detonation driver gas consists mainly of gaseous water which has a similar heat capacity ratio
as the most commonly used test gas - air. Therefore, it is necessary to employ optical diagnostics for detecting
driver gas contamination in detonation driven facilities [109], which are more complicated techniques
compared to those used to detect helium driver gas.

While driver gas contamination determines the upper end of the test time, the necessary flow establishment
time represents the lower end of the useful test time interval. In literature there are a lot of empirical and semi-
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empirical relations to estimate the flow establishment time, but there is no conclusive and reliable theory for
this. This is not surprising because the flow establishment time depends on the model geometry, the type of
establishment time determining flow phenomenon etc., in addition to the freestream conditions. In case of
facilities utilizing the expansion of the flow in a nozzle, the nozzle starting process and the model flow
establishment may happen in parallel, which complicates the estimation of the pure flow establishment time.

While the problem of helium wall jetting should not occur in expansion tubes [109] [80], expansion tubes have
inherently less test time than reflected shock tunnels, by an order of magnitude in general. Expansion tube test
times are generally ended by the arrival of wave processes at the test section. There are generally three ways
for the test time in an expansion tube to end. From Figure 15, test time can be terminated by either 1) the tail
of the secondary unsteady expansion fan, 2) the reflected head of the secondary unsteady expansion fan, or 3)
the reflected head of the primary unsteady expansion fan, whichever occurs first. Which one of the three wave
processes terminates the test time depends on the test condition and the facility dimensions, though most of
the time it is either case 1 or case 2 because the driver section should be sized correctly so as to not interfere
with the test flow. Paull et al. also postulated the possibility of a fourth way for test time termination where
"bubbles™ of driver gas, created due to mixing at the contact surface, get accelerated through the unsteady
expansion and arrive at the test section prior to the wave processes [110].

In expansion tubes, while the accelerator gas which precedes the test gas helps with flow establishment,
consumption of valuable test gas is often still required for flow establishment. Figure 34 presents the trace
from a radiation sensor and a 10 mm diameter pitot probe, obtained in the X2 expansion tunnel. The radiation
sensor measured infrared radiation from a point in the flow past a small two-dimensional wedge test model,
with dimensions shown in Figure 37, at a location of about 5 mm above the convex corner. The pitot probe
was placed 20 mm below the wedge. Because the pitot probe was small, its establishment time was negligible
and its trace is approximately a reflection of the state of the freestream, while the establishment of the test
model flowfield can be accurately monitored from the infrared sensor trace [111]. In this case, which was for
a 4.0 km/s CO; freestream, the establishment time of the wedge model took about 80 ps in which 35 ps out of
the 135 ps of test flow was consumed.
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Figure 34: Radiation sensor and pitot probe traces for a 4.0 km/s CO: freestream in the X2
expansion tunnel.
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Different flow phenomena take different amounts of time to establish. In general, inviscid flow phenomena
need a much shorter establishment time than viscous ones. Steady flows establish much faster than pseudo-
steady flows like some shock oscillation modes, etc. The flow establishment time, te, can be estimated by,

te ® K— (36)

where K is a constant with a value depending on the flow phenomenon, L. is the characteristic length and U
is the freestream velocity. The values of K and L. are shown in Table 4 for the different flow phenomena. The
various flow establishment times are subsequently calculated and shown in Figure 35 for two different flow
velocities. From Abul-Huda and Gamba [45], a conservative estimate of the total flow establishment time over
the relevant test model is the sum of the relevant individual processes. Furthermore, as the accelerator gas
proceeds the test gas in the expansion tube, the effective flow field establishment time can reduce to as much
as 2/3 of the total establishment time [45]. Thus, the effective total establishment time, ti, for an expansion
tube can be approximated as,

2
tiotal & §Zte,i (37)
i

which is used to produce the results in Figure 35. Also shown in the figures is a representative test time for the
X2 expansion tunnel and the approximate maximum model sizes for the X2 test section. From the results, in
the high velocity case, the test time is just enough to establish a steady flow around the maximum size test
model, while a steady flow never develops around a maximum size test model for the low velocity condition.

Table 3: Maximum model size for attached (K=10) and separated (K=30) flows which ensure a
flow establishment time, te, of 30 % of the running time after flow initiation.

U, m/s 2000 4000 6000 8000 10000
tm, Ms 6 3 1.5 0.3 0.2
te, ms 2 1 0.5 0.1 0.07

Le, m(K=10) 0.4 04 03 0.08 0.07
Le, m(K=30) 0.13 013 0.1 0.027 0.023

Table 4: Flow establishment time parameter values from Abul-Huda and Gamba [45]. Lmodel is the
model length and Dmodel is the model diameter while p7 and pzs are the pre-shock and post-shock
densities respectively.

Flow process Le K
Laminar boundary layer Lmodel 3.33
Turbulent boundary layer Lmodel 2

Bluff body separated flow Dmodel 30

Bow shock 1.1Dmodel(p7/p7s)  (p7s/p7-1)In(0.05%)

From equation 36, K is the ratio of required test gas slug length to establish the flow over the model size. As
explained above, no exact data or theory exist which can accurately determine the flow establishment time or
the value K in equation 36. As a rule of thumb for attached flows the value K should be about 3 to 10 and for
separated flows at least 30. From this, in Table 4, the maximum possible model size has been determined as
function of the flow velocity and typical flow establishment times, te, which have been assumed as one third
of the typical measuring time. The typical measuring time, tm, depends on the flow velocity and represents the
average value of corresponding facilities, i.e. conventional shock tunnels to 4000 m/s, piston driven shock
tunnels up to 6000 m/s and expansion tunnels from 8000 to 10000 m/s. The results show that especially for
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the high velocity range from 8000 m/s and higher, the short measuring times at these conditions require very
small models which would not allow an extensive instrumentation.

This result is fairly common for expansion tubes as mentioned by Hornung [65]. In the case of scramjet duct
flows, since the flow studied is internal, and the expansion fan originating at the tube/nozzle exit does not enter
the scramjet intake, the maximum model length is probably always limited by the test time. It should also be
mentioned that bluff body separated flows are rarely studied in expansion tubes due to the long establishment
times, though it has been done before by Hollis and Perkins [112] and by Park et al. [113]. Instead, the bow
shock is most often the sole phenomenon of interest during bluff body flow research using expansion tubes.
This consequently would allow for larger test models to be used since the flow establishment time of the bow
shock is less than that of the separated flow. Since both the facility test time and the model flow establishment
time scales approximately linearly, the only way to increase the amount of test time left over after flow
establishment is to increase the facility size while keeping the model size roughly constant or decrease the
model size while facility size is constant. Hence, test time is one of the fundamental limitations of expansion
tubes.
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Figure 35: Flow establishment times for bluff bodies, left, and slender bodies, right, for two
different flow velocities. Also shown is a representative test time for the X2 expansion tunnel
and the approximate maximum model sizes for X2.

4.2.2 Limitation due to throat melting

Flow establishment time and remaining testing time are a severe concern for expansion tunnels while reflected
shock tunnels must pay a performance penalty due to the throat-melt limit. As the test time is increased in the
reflected shock tunnels, the throat of the nozzle will eventually experience surface melting. Significant throat
melting during the experiment is highly undesirable because the throat diameter would increase causing
changes to the test flow properties. Additionally, the melted products of the nozzle throat will form as
contaminates at the test section and the melted throat surface may cause flow disturbances in the test section
which is unwanted. Therefore, it is necessary to avoid throat melting. This means that as a reflected shock
tunnel is scaled up, eventually, the total pressure and total temperature attainable in the facility will be limited
by the throat melting while the strength of the facility structure becomes irrelevant.
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Figure 36: The nozzle throat surface temperature versus time of different materials for different
total pressures and total temperatures at different throat diameters and at a constant nozzle
throat diameter to nozzle throat radius of curvature ratio of 2.

Using Bartz’s nozzle heating equation [114], the nozzle throat surface temperature was calculated for different
total pressures and total temperatures at different throat diameters and at a constant nozzle throat diameter to
nozzle throat radius of curvature ratio of 2. The results are shown in Figure 36 for different nozzle throat
materials. From the results, tungsten seems to be a good material based on the melting point, being able to
withstand a total pressure and total temperature of 100 MPa and 7600 K respectively for about 10 ms.
However, tungsten oxidizes strongly and this is responsible for direct removal of the throat material [89].
Hence, tungsten is not a good material for the nozzle throat. Steel, while it is good structurally, is particularly
bad at withstanding transient heating as it melts after around 1 ms from a total pressure and total temperature
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of 30 MPa and 7600 K respectively, while copper is too soft for the high pressures of the nozzle reservoir
region. Therefore, molybdenum seems to be one of the best materials, being able to withstand a total pressure
and total temperature of 100 MPa and 7600 K respectively for more than 3 ms. For a reservoir state of 300 MPa
and 10000 K, no material can allow for any reasonable amount of test time, while for a reservoir state of
9.7 MPa and 4250 K, the throat melt limit is irrelevant as even steel can allow for test times of more than
10 ms. Promising throat materials are tungsten-molybdenum alloys which combine the advantages of both
materials. In industry these alloys are used for high thermally and mechanically loaded parts.

The nozzle throat heating mainly depends on total pressure and total temperature. There is a small dependence
on the throat diameter, and an even smaller dependence on the throat diameter to throat radius of curvature
ratio, hence this was kept constant at a value of two in Figure 36. It can be seen in Figure 36 that, given a
certain test time, there is a limit for the nozzle reservoir condition in order to avoid throat melting. For example,
if the facility has a test time of 10 ms and a nozzle throat made out of molybdenum, the nozzle reservoir
condition must be less than about 30 MPa and 7600 K in order to avoid throat melting. Hence, large reflected
shock tunnels with long test times generally do not produce high performance conditions. Therefore, the only
way to produce high performance conditions in large facilities is by shortening the shock tube so that the test
time is repressed. Nevertheless, there still needs to be enough test gas to establish a steady flow in the nozzle
and around the test model. A significant portion of the available test time in Figure 36 could be wasted on
nozzle start-up. So there could be situations where the throat melts before a steady flow can be established.

4.2.3 Thermochemical nonequilibrium expanding flows

Except for the case of shock tubes, the generation of hypersonic flows always involve rapid expansion
processes. In most cases, the test gas will be heated to a state with at least significant vibrational excitation, if
not significant dissociation and ionization. The test gas should not be able to maintain thermochemical
equilibrium during the rapid expansion process in most cases. Hence, the test flow generated is often expected
to be at an excited thermochemical state. For example, even a cold hypersonic facility like the AEDC tunnel 9
could generate test flows with significant vibrational excitation [115].

Thermochemical excitation in the freestream could have significant influences on a number of different
hypersonic flow phenomena. Having a thermochemically excited test flow is undesirable but, unfortunately, it
is often unavoidable. Hence, various review papers have stated that correctly characterizing both the
vibrational excitation state and the chemical composition of the test flow for the study of blunt body, slender
body and scramjet flows must be regarded as being of first-order importance [1] [77] [94] [116] [117].
Unfortunately, this is difficult because our current understanding of nonequilibrium expanding flows is lacking
as most studies of thermochemical nonequilibrium were performed under post-shock conditions. Nonetheless,
some notable results for nonequilibrium expanding flows have been obtained and these will be discussed in
this section.

Table 5: Computed nozzle exit properties for the AEDC Tunnel 9 Mach 14 nozzle for varying
amounts of water vapour contamination. [115]

H,>0 Mole Fraction | T (K) | Tz (K) | Tupo (K) | w (m/s) M

0 41.9 1542 - 1784 | 13.52
0.0001 41.1 1213 598 1785 | 13.52
0.0005 42.1 917 542 1787 | 13.51
0.001 42.3 782 522 1790 | 13.50
0.005 43.3 534 501 1804 | 13.43

Most of the existing experimental results, which were performed in the 1960s to 1970s, indicated that
vibrational relaxation time constants observed in expanding flow conditions were significantly faster than
those observed in post-shock conditions. The experiments showed that the vibration relaxation time constants
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under expanding flow conditions for N,, CO and CO; were around 5 — 70 [118] [119], 1 — 1000 [120] and
1.06 — 1.14 [121] times shorter respectively than the corresponding vibrational relaxation time constants under
post-shock conditions. However, due to the inability to theoretically explain the reason for the accelerated
vibrational relaxation in expanding flows [122] [123] [124] and the existence of the minority which reported
that the expanding flow vibrational relaxation rates were similar to those in post-shock conditions [125], the
accelerated vibrational relaxation were often considered an experimental artefact. In particular, water vapour
contamination (often from outgassing by the tube walls) was hypothesised as the cause of the accelerated
vibrational relaxation in expanding flows because water molecules are very efficient quenchers of vibrational
excitation [126] [127]. Candler and McConaughey numerically showed the influence of water vapour on the
AEDC Tunnel 9 Mach 14 nozzle flow for a pure nitrogen test gas with a total pressure of 14 MPa and a total
temperature of 1543 K [115]. The results are shown in Table 5 and it can be seen that even a mole fraction of
0.005 of water can reduce the vibrational temperature of nitrogen at the nozzle exit from 1542 K to 534 K.
While this proves that water vapour contamination can cause accelerated vibrational relaxation, it does not
prove without a doubt that the earlier experimentally observed accelerated vibrational excitation in expanding
flows were caused by this contamination. In fact, one of the most recent investigations of nonequilibrium
expanding flows, reported by Gu in 2018 for CO; [128], seemed to indicate that the accelerated vibrational
relaxation is not an experimental artefact such as that caused by water vapour contamination.
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CO2 Flow Directiqn
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Figure 37: Two-dimensional test model geometry and measurement location. The model has a
width of 100 mm. Dimensions shown are in mm and degrees. Not to scale.

Gu took horizontal spectroscopic measurements at three locations along a single spatial dimension above a
two-dimensional wedge model as shown in Figure 37. Unlike previous measurements of expanding flows, this
measurement contained a simultaneous measurement of the post-shock nonequilibrium and the expanding
flow nonequilibrium. Through a spectral fitting method, the spectroscopic measurements were used to deduce
the rotational-translational temperature, T,, and the vibrational temperature, Ty, along the single spatial
dimension. To study the nonequilibrium, the ratio T./T. were obtained and compared to numerical
computations. The results are shown in Figure 38 for a 4.0 km/s CO; test condition. Ignoring the negative
spike at the vicinity of the shock front which is impossible to capture experimentally, the result shows good
agreement between experiment and CFD in the shock layer region, but poor agreement in the expanding flow
region. In the expanding flow region, CFD over-predicted the degree of nonequilibrium by as much as 40 %,
suggesting an accelerated vibrational relaxation in the experiment. Because no obvious accelerated vibrational
relaxation was observed in the shock layer region, water vapour contamination being the cause of this
behaviour may be ruled out since water vapour contamination would influence vibrational relaxation in both
the post-shock and expanding flow regions [127]. Instead, this result of Gu seems to indicate that the
accelerated vibrational relaxation in expanding flows is a naturally occurring phenomenon and not an
experimental artefact. The same finding was observed in a 2.8 km/s condition and a 3.4 km/s condition.
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Figure 38: The ratio of the vibrational temperature to the rotational temperature for the 4.0 km/s
condition at locations of 3.25 mm (a), 5.75 mm (b) and 8.25 mm (c) respectively above the wedge.

Other relatively recent experimental results of nonequilibrium expanding flows were produced by the nozzle
flow in reflected shock tunnels, but the results were independently conflicting. Maclean and Holden in 2006
[129] reported that the shock standoff on the test model measured at the nozzle exit of their LENS shock tunnel
was significantly greater than what they predicted in their CFD. This is shown in Figure 39 (a) where the CFD
result (blue contour) is overlaid on top of the experimental measurement. This mismatch was consistently
observed in their lower density test conditions [130]. They believe this mismatch was caused by the carbon
dioxide freestream being frozen at a complex non-equilibrium state since excess energy frozen in the thermal
and chemical modes in the freestream increases shock standoff. Research was conducted at simulating the non-
equilibrium condition at the nozzle exit of the reflected shock tube using advanced thermochemical models
but it failed to predict the necessary magnitude of frozen thermochemical energy needed to replicate the
experimentally observed shock stand-off [131]. However, these results from Maclean and Holden could not
be reproduced in the T5 shock tunnel by Leibowitz and Austin in 2018 [38]. As shown in Figure 39 (b),
Leibowitz and Austin obtained a good match in shock stand-off between experiment and CFD using a
freestream predicted from conventional non-equilibrium nozzle simulations. This result is in contrast to the
result of Maclean and Holden [129] who argued that the nonequilibrium in the nozzle flow was more
significant than what was predicted in their CFD simulation. On the other hand, an assessment of the nozzle
exit static pressure measurements of various air test conditions by Marineau and Hornung in 2009 gave an
indication that there were distinctly more nonequilibrium present in the T5 nozzle than what CFD predicted
[132]. This is because the measured static pressures, which are very sensitive to nonequilibrium, unlike the
pitot pressures, were 10 — 17 % lower than those computed from conventional non-equilibrium nozzle
simulations. Olivier et al. [133] showed that the finite freestream dissociation level in a high enthalpy nozzle
flow leads to a decrease of the density change across the bow shock at a blunt body and therewith to an increase
of the shock stand-off distance as it is typically observed in reflected shock tunnels. Interestingly, Hannemann
et al. in 2010 reported static pressure measurements more than 15 % higher than those computed from non-
equilibrium nozzle simulations for the HEG nozzle [134], which indicated an equilibrium nozzle flow.

Less work has been reported on the nonequilibrium behaviour in expansion tubes. For conditions produced in
the expansion tube, the flow velocity is also very sensitive to the nonequilibrium, as is the static pressure, due
to the unsteady expansion. Even in works as early as the work by Trimpi in 1962 [135], the total enthalpy
multiplication feature discussed in section 3.3 was shown to be distinctly influenced by nonequilibrium. The
magnitude of the multiplication increased with increasing thermochemical activity because, as described by
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Morgan et al. [136], “the total enthalpy multiplication feature of unsteady expansions works only on the static
component of enthalpy, through its influence on sound speed, so that if recombination does not occur the high
potential final enthalpy will not be reached”. Neely and Morgan in 1993 [84] took shock speed measurements
as well as static pressure measurements at the end of the acceleration tube for superorbital air conditions.
Subsequent analysis showed that the measured static pressure and shock speed could only have been obtained
if the unsteady expansion occurred under near thermochemical equilibrium conditions. The same result was
obtained by Morgan et al. for superorbital CO, conditions [136] and by James et al. [54] for other hypervelocity
air conditions. However, recent spectroscopic investigation by Gu indicated moderate vibrational excitation in
the test flow from the expansion tunnel mode of X2 [128]. Spectroscopic measurements were taken at the
nozzle exit for the three different velocity CO; freestreams shown in Figure 37. Even though the shock speed
and static pressure measurements in the acceleration tube indicated equilibrium unsteady expansion, Tv/Tr
ratios of 1.1 — 1.5, 1.1 — 1.5 and 1.0 — 1.1 were found in the 2.8, 3.4 and 4.0 km/s conditions respectively at
the nozzle exit. While complete freezing through the nozzle flow may explain the moderate nonequilibrium
observed in the 2.8 and 3.4 km/s freestreams, it fails to explain why the 4.0 km/s condition, which has the
highest velocity and lowest density, exhibited the least nonequilibrium while the 2.8 and 3.4 km/s conditions,
which has lower velocities and higher densities, exhibited more nonequilibrium. For this reason, the
nonequilibrium observed in the freestream of the 2.8 and 3.4 km/s conditions is not believed to be caused by
the nozzle, due to operation as an expansion tunnel, which has an area ratio of only 5.6 anyways.

Figure 39: Shock wave comparison between experimental measurements from (a) LENS | (ho =
5.6 MJ/kg) [129] and (b) T5 (ho = 5.6 MJ/kg) [38] and CFD predictions for a pure CO: test gas.

So, nonequilibrium in expanding flows is very much an open problem. Fortunately, research in this area is
beginning to gain prominence due to its application not only in wind tunnels but also in the design of
atmospheric entry capsules, for which expanding flows are produced around the shoulder and afterbody area
[78]. For now, the inability to accurately characterize the degree of nonequilibrium in the experimental
freestreams is also a big concern for high enthalpy ground testing. In terms of simulating flight, having a
thermochemically excited experimental freestream significantly complicates things because a strict simulation
of flight requires duplication of the thermochemical state. At present, there is no clear quantitative
understanding of how non-equilibrium freestreams effect the various hypersonic flow parameters. Stalker in
1989 [12] gave a rough rule for blunt bodies which states that, if the freestream enthalpy is less than a third of
the total enthalpy, then effects of freestream non-equilibrium on the real-gas effects in the flow over the body
are small. In the same paper, Stalker also derived similitude rules which accounted for freestream non-
equilibrium in the ground simulation of shock layers with moderate to large shock angles. However, studies
on the effects of non-equilibrium freestream on hypersonic flow parameters of other configurations could not
be found. Therefore, this needs to be considered in the future and similitudes that include freestream non-
equilibrium need to be developed for improved ground simulation of flight.
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In addition to the thermochemical state of the test flow, the primal flow variables density, velocity and total
enthalpy cannot be determined to a satisfactory accuracy at present. Olivier in 1993 reported a good method
to provide time-resolved estimates of the freestream density, velocity and total enthalpy without the need to
make particular assumptions about the thermochemical state of the freestream [137]. The method involved
taking static pressure, pitot pressure and stagnation point heat flux measurements at the nozzle exit, along with
the use of the normal shock governing equations and the Fay and Riddell relation for spherical stagnation point
heat flux [138], to deduce the primal freestream variables. Due to the uncertainties of the stagnation point heat
flux measurements at higher enthalpies, the authors are currently developing an improved variation of Olivier’s
1993 method by avoiding stagnation point heat flux measurements.

4.2.4 Other limitations of importance

It is important to mention that the popular free-piston drivers suffer from a loss phenomenon which Hornung
et al. [89] called the Page-Stalker effect. Page and Stalker [139] in 1983 reported that the pressure recovery
factors, ps/ps, observed in free-piston driven shock tunnels were much lower than predicted. In light of this,
Hornung and Belanger [140] as well as Eitelberg et al. [141], showed that the shock speeds, in addition to the
pressure recovery factors, were lower than predicted in the T4 and HEG facilities respectively as shown in
Figure 40. Using data from many different free-piston driven facilities, Page and Stalker reported an important
correlation in regards to this effect, as shown in Figure 41, where the theoretical value of log(ps/p4) should be
0.26 [73]. It is obvious that the Page-Stalker effect diminishes as the ratio Li/d increases, where L; is the
distance of the piston from the end of the compression tube at the time of diaphragm rupture, and d is the shock
tube diameter. The cause of this behaviour is not fully understood. Hornung et al. [89] postulated that the
Page - Stalker effect was due to the formation of a very strong ring vortex in front of the piston which will
significantly influence the flow into the shock tube, causing losses, the closer it gets to the end of the
compression tube. Due to the Page-Stalker effect, Morgan [61] recommends the use of longer compression
tubes.
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Figure 40: Calculated and measured shock speeds in the HEG (left) [141] and T4 (right) [140]
shock tunnels.

In addition to the Page-Stalker effect, a more minor loss in free-piston drivers is the heat loss due to the small
but finite flow in the driver gas induced by the piston motion, and it can be estimated using the turbulent heat
transfer model for a flat plate [142]. As a measure of the heat loss, Itoh et al. [143] defined a heat loss factor,
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T,
f=r—l— (38)

Tr,adiabatic

where T, is the driver gas temperature at diaphragm rupture. Itoh et al. [143] reported an empirical value of
§=0.9. For the free-piston driver of the X2 expansion tunnel, Gildfind [144] estimated & = 0.86 — 0.90.
Gildfind mentioned that the main variables influencing the driver heat loss is the period of the piston stroke
and the driver gas volume compared to its surface area. For shorter tubes with larger diameters and rapid piston
strokes, the heat loss would be small and vice versa.
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Figure 41: Pressure recovery factor, ps/pa or pp/post, variation with L1/d. [139]

Other minor losses in the free-piston driver include the pressure loss of the secondary reservoir gas, leakage
of the driver gas through the clearance between the piston and the wall surface, and friction between the piston
wear ring and the surface of the compression tube. For the pressure loss of the secondary reservoir Itoh et al.
[143] defined a factor v in,

e =1e (39)

where ¢, called the driving force factor of the piston, is the ratio of the initial pressure of the secondary reservoir
gas and the diaphragm rupture pressure, and y = 0.9 for their medium size reflected shock tunnel HEK. The
value of y depends on the dimensions of the secondary reservoir and the piston launcher mechanisms [143],
as well as the fill pressure and velocity of the reservoir gas [144]. For the piston friction loss, Itoh et al. [143]
found a friction factor of 0.15 for the HEK. Lastly, Itoh et al. [143] mentioned that the leakage of the driver
gas through the piston is negligible when the piston speed is very high, which was the case in their HEK
facility.

Limitations not only exist concerning wind tunnel performances, but also concerning applicable measuring
techniques. As for the simulation performances, the applicable measuring techniques can be assigned to the
different types of wind tunnels or the different flow regimes characterized in this paper by low, high and very
high enthalpy regimes.

For the continuous running and blowdown facilities nearly all measuring techniques known from subsonic and
supersonic flows are applicable. For low stagnation temperatures up to 1000 K even hot wire anemometry is
possible. For higher stagnation temperatures focusing laser differential interferometry has been successfully
applied. For these facilities this also allows the measurement of freestream turbulence levels which is an
important parameter for characterizing the boundary layer transition behaviour in hypersonic flows. These
facilities also allow accurate aerodynamic force and moment measurements due to their long running times.
Heat transfer measurements are performed on a more or less routine basis but here the long running time is of
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disadvantage because lateral heat conduction effects influence the measured heat transfer normal to the wall.
Other measuring techniques are also applied which are listed in Table 6.

Several attempts have been made to measure freestream turbulence levels in shock tunnels. But till today no
reliable measurement has been performed. Also force and moment measurements are difficult to perform. Fast
force balances have been developed which in conjunction with acceleration compensation techniques allow
force and moment measurements for measuring times down to two milliseconds. A few years ago a free-flight
force measurement technique has been proposed and tested in the HIEST facility which might be promising
for short-time force and moment measurements, and also for complicated model geometries [145].

The measuring time in the range of milliseconds make shock tunnels well suited for heat flux measurements
because it is long enough to ensure a full flow establishment and short enough to reduce the effect of lateral
heat conduction to a very low level. In expansion tunnels attempts have been made for measuring aerodynamic
forces by stress bars. However, this is an even more complex technique which is far from regular use, and
there is still the question of flow establishment and remaining testing time. A further problem of high enthalpy
testing which amongst others pose a severe limitation for laser based measuring techniques is the dust produced
in the shock tube which results from bursting diaphragms, sealing of pistons etc. and the erosion of the tube
and inner nozzle surface at highly loaded locations. The dust forms a layer at the inner tube surface and part
of itis transported by the test gas flow to the test section and model surface during the experiment. This facility
dependent pollution increases with increasing total enthalpy. To the author’s knowledge there is no facility
avoiding this problem of dust and particle pollution. There are several attempts for performing non-intrusive
laser based measurements e.g. of the species concentration at the nozzle exit flow for reflected shock tunnels.
But the problem mentioned above and others still lead to a high uncertainty for these measurements.

Table 6: Standard measuring techniques of different types of test facilities

Continuous and blowdown Expansion tunnels

Facility L Shock tunnels

facilities

Total temperature - -

Total pressure Total pressure -

Freestream temperature (Laser methods) -

Freestream pressure Freestream pressure -

Freestream velocity (Laser methods) -

Freestream turbulence level - -

Model surface pressures, local Model surface

. Model surface pressures, local

and surface mapping pressures, local
Type of Model surface temperature and Model surface heat fluxes, local, Model surface heat
measurements heat fluxes, local and surface fluxes, local

mapping

line scan, infrared thermography

Surface shear stresses

Flow velocities, local and 2d

Overall forces and moments

Overall forces and moments

(Stress bars)

Forces and moments of flaps,
rudders etc.

Oil flow visualization

Flow visualization

Flow visualization

Flow visualization

5.0 CONCLUSION

In this paper, the methodologies of hypersonic ground testing were reviewed. Then the characteristics and
capabilities of the different hypersonic wind tunnels were discussed. The capabilities and limitations of these
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facilities were quantitatively assessed in regards to the simulation of relevant flight vehicles. In addition, other
limitations of the ground test facilities, such as test time, test model size and applicable measuring techniques
were assessed for the most important facility types for modern hypersonics research. Additionally, the often
unavoidable problem of producing thermochemically excited test flows in reflected shock tunnels and, to a
lesser extent, expansion tunnels were reviewed.

The facilities were grouped into three categories according to three typical flow regimes characterized by low,
high and very high total enthalpies or flow velocities. Each category of facility has its own advantages and
disadvantages concerning performances, flow quality, measuring time etc. Low enthalpy facilities like
continuous running and blowdown facilities allow the longest running times, detailed measurements, best
knowledge of freestream properties, highly accurate data etc. but are limited to low stagnation enthalpies and
therefore exclude the regime of reacting hypersonic flows. However, from the listed facilities only the AEDC
Tunnel 9 is capable of a full Mach - Reynolds number simulation of most of the flight trajectory of a Mach 6
hypersonic vehicle with typically 30 m length. Problems become more severe for the high enthalpy flow
regime. Conventional, detonation driven and free-piston driven shock tunnels are the most popular facilities
operated at these conditions. The short running times pose a challenge for force and moment measurements
and other measuring techniques. Yet unsolved is the development of a reliable, simple method for
characterizing the freestream properties including its chemical composition. Especially for high enthalpy
conditions the uncertainty of the freestream conditions directly influences the uncertainty of any
experimentally determined aerodynamic coefficient. A full Mach - Reynolds number simulation is not possible
for these flow conditions because of the required huge stagnation pressures. These also limit the facility
performance because of the direct dependence of facility integrity and nozzle throat melting issues on the
stagnation conditions. Expansion tunnels allow much higher stagnation pressures and temperatures than
reflected shock tunnels and therefore they enlarge the simulation range especially the pL-U scaling capability.
However, limitations are given by limited driver performances and especially by the short testing time which
significantly limits the maximum tolerable model size. Hence, increasing the test section size of expansion
tunnels by increasing the nozzle area ratio is rather pointless. The only way to test larger models in an
expansion tunnel is by scaling the entire facility. This therefore results in huge costs because the expansion
tunnel would have to be at least about twice as long and have approximately at least twice the inner tube
diameter compared to the smallest reflected shock tunnel which can test the given model size. Nonetheless,
depending on the application, expansion tunnels are sometimes selected over reflected shock tunnels even for
low and medium enthalpy conditions because expansion tunnels produce test flows with less thermochemical
excitation. This is the result of the total enthalpy and total pressure multiplication feature of the unsteady
expansion and the fact that the test gas is only shock processed once in the expansion tunnel. For example, the
LENS XX facility allows the testing of models of feasible size at moderate total enthalpies resulting in
sufficiently long testing times. In this way the advantage of less thermochemical excitation of the freestream
can be utilized for high quality testing.

While reflected shock tunnels are the most prominent sufferers of excess thermochemical excitation in the test
flow, expansion tunnels and even blowdown tunnels suffer this to a lesser extent as rapid expansion occur
inside all these facilities. A review of literature on thermochemical nonequilibrium in expanding flows
revealed the current lack of understanding in this field, which is not helped by the fact that conflicting results
from independent investigations were often reported. So, experimental research in modern hypersonics
involves the use of a various of different test facilities, each with its own unique capabilities and limitations.
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